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INTRODUCTION

This volume contains copies of the technical papers presented at
the NASAConference on SomeProblems Related to Aircraft Operation on
November_ and 6, 19_8_ at the Langley Research Center. A list of the
conferees_ who are membersof the aircraft industry and the military
services, is included.

The original presentation and this record are considered supple-
mentary to_ rather than substitutes for_ the Administration's system of
complete and formal reports.

vii
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FACTORS WHICH INFLUENCE LANDING APPROACH SPEEDS

By Fred J. Drinkwater III, Maurice D. White,

and George E. Cooper

Ames Research Center

INTRODUCTION

The landing of an airplane is one of the most critical phases of

its operation and higher landing speeds have increased the need for

practical solutions to landing problems. The National Aeronautics and

Space Administration has, for some time, been conducting investigations

directed toward reducing landing approach speeds, as, for example, by

the use of boundary-layer control to increase the maximum lift. Flight

tests have shown, however, that simply increasing the maximum lift

coefficient does not assure that the approach speed will be reduced

correspondingly. Consequently, a recent NASA study was undertaken to
, _ _obtain a <Jeoo_r !_udcrstanding of the factors which influence the pilot's

choice of an approach speed. The flight-test phase of this study con-

sisted of landing-approach evaluations of a wide variety of airplanes.

In addition to determining the minimum comfortable approach speed

of each airplane the pilots also recorded their reasons for not further

reducing the speed. The purpose of this paper is to present an analysis

of the factors which either influenced the pilot's choice of an approach

speed or which affected the safety and precision of the landing.

RESULTS AND DISCUSSION

The first factor to be considered in an approach-speed evaluation

is the type of approach which is used. The landing-approach patterns

may be separated into two basic types: the tactical and the constant-

angle, constant-airspeed approaches.

The tactical-approach pattern is illustrated in figure i. It is

executed in a race-track pattern, airspeed is decreased throughout the

descent, and the approach-path angle is not held constant. This

approach pattern gives the pilot a reference starting point over the

runway and allows him to adjust the approach-path angle by varying

his turn radius. Until recently most airplanes could complete this

approach at idle power. It is an exacting task and pilots take pride

in their ability to arrive at the end of the runway at the touchdown
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speed. However, the excess airspeed often used to compensatefor the
difficulty in judging the approach creates additional problems.

Another type of approach is the constant-speed, constant-angle
approach which is shownin figure 2. This approach pattern is used in
airline operations, aircraft-carrier landings, and other situations
where precision control of the landing is essential. The advantage of
this approach is that the numberof factors that the pilot must vary is
reduced and, as a result, the approach is easier for the pilot to judge.
However, it is often madeat a minimumspeed. Consequently, the air-
speed indicator must be monitored closely to assure that the speed does
not decrease to a dangerous level while flight-path-angle adjustments
are made. This type of approach was used in the flight tests conducted
in this investigation because it permitted more consistent evaluations
of the approach speeds.

The predominant reason given for not further reducing speed was
the loss of ability to control the flight-path angle. In reference i
the major reason for limiting the approach speed is described as the
deterioration in speed stability. In manyof the cases studied in the
NASAinvestigation, rapid changes in airspeed were associated with the
development of unsatisfactory flight-path-angle controllability. It
appears quite probable, therefore, that the pilots of both studies were
describing the sametype of situation.

The factors which determine the pilot's ability to control flight-
path angle are indicated by the simplified equation developed in fig-
ure 3. Included in the figure is a diagram of the forces from which
the equation was derived. The flight-path angle is seen to be deter-
mined by the lift-drag ratio, the thrust-weight ratio, and the rate of
speed change. The equation indicates that the approach angle can be
made independent of the engine if an appropriate rate-of-speed change
is used. This will be recognized as the technique used in the tactical
approach. At a constant speed the angle is primarily dependent on
engine thrust and lift-drag ratio.

The throttle and the elevator are two controls with which the
pilot can adjust the flight-path angle and airspeed. For the constant-
speed, constant-angle approach the manner in which the pilot uses each
control was found to be dependent on certain airplane characteristics.

For airplanes which had high lift-drag ratios the elevator was
used to direct the fligh-path angle and the engine power was adjusted
to maintain a constant speed. With lower lift-drag ratios, of the order
of 4 and below, the rate at which speed changed during maneuversbecame
large. The pilots then found that either they would have to maintain
excess speed to allow for these speed changes or they would have to
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make flight-path-angle adjustments with the throttle, with the elevator

being used to maintain the desired speed.

The change in the total drag of the airplane with speed or the

variation of L/D with CL also influenced pilot technique. Figure 4

shows the L/D variation with CL for several contemporary airplanes.

In addition to the airplanes which have low lift-drag ratios there are

designs for which the L/D decreases with increasing lift throughout

the approach-speed range. The pilots noted that, for this latter class

of airplane, increased use of thrust to change the flight-path angle was

necessary. Flight in this region is commonly referred to as being on

the "back side" of the drag curve and on older airplanes it occurred

only at speeds very close to the stall speed. However, it includes the

entire approach-speed range for many high-speed airplanes. In fact,

service pilots are often not aware that they are making approaches in

this condition for several types of airplanes now in operation.

Although these curves represent fighter-type airplanes, those for the

coming generation of transport airplanes appear to follow the same
trend.

A generalized _+p_ of drag and airspeed is shown in figure 5 which

indicates the shape of the drag curve in mcre familiar terms. In this

figure the back side is represented by the left-hand portion of the

curves. The upper curve is characteristic of an airplane which has

greater drag than that represented by the lower curve.

The pilots noted that flight on the back side of the drag curve

was not unduly difficult. However, those pilots who relied most on

engine thrust for flight-path-angle control consistently selected lower

approach speeds. The increased reliance of the pilot on the throttle

as a flight-path-angle control indicated that additional consideration

must be given to engine response and the thrust-weight ratio available

in the approach. Flight tests of fighter-type airplanes demonstrated

that reductions in the margin of thrust-weight ratio to less than 0.12

represent a reason for limiting the approach speed. In figure 5 this

limitation is shown as a horizontal boundary which intersects the upper

drag curve.

Transport-type airplanes generally have lower thrust-weight ratios

available for maneuvering than do fighter airplanes. Tests are needed

to establish the effect that this thrust-margin requirement will have

on transport operations.

Another adverse thrust-response condition occurs when landing a

very low drag airplane. In this case very little thrust is required to

maintain the approach angle and the engines are operated in the low

range of rpm where the time constants for current engines are very long.



Because of the small variation of drag with airspeed which often occurs
with a high lift-drag ratio and the poor engine response at low power
settings, it is difficult to select the power setting which will main-
tain the desired glide angle. In addition, wave-off thrust may not be
available for as muchas lO seconds after full power is selected. The
drag-airspeed region where this tendency is noticed appears at the bot-
tom of figure 5. The use of higher airspeed compensatesfor the slow
engine response since the pilot can use up the excess airspeed while
waiting for thrust to develop.

Jet-transport airplanes which have high lift-drag ratios in the
landing configurationmay be expected to have a problem due to poor
engine response because of the low power which is required during the
approach. Oneof the advantages of an inflight fully modulating type
of thrust reverser is that it allows the pilot to modulate thrust at a
rate which is independent of the basic engine response time. This
characteristic of a thrust reverser was evaluated during landing
approaches in addition to its use during high-speed flight and ground
operation.

Oneother factor related to engine operation is the longitudinal
trim changesdue to changes in power. It appears that this factor in
conjunction with longitudinal stability effects determines whether the
effect of a thrust changeappears predominantly as a speed change or
flight-path-angle change. The most desirable initial response for a
constant-speed approach was indicated to be that in which a thrust
change produced a change in flight-path angle with no speed change at
all. This produced what the pilots termed a "locked-in" feeling.
Examples of undesirable thrust-produced pitching momentswere also
noted amongthe airplanes flown in this evaluation. This factor was
conveniently varied on one airplane by simply placing thrust deflecting
tabs in the tailpipe. However, quantitative results are yet to be
obtained.

Static longitudinal stability was noted to contribute to the pre-
cision of constant-speed approaches, particularly when the airplane was
operated on the back side of the drag curve. It is generally recognized
that the back side of the drag curve represents a region of speed insta-
bility whenlongitudinal stability effects are neglected. If, however,
the airplane has strong positive static stability, then the tendency of
the airplane to diverge in speed after a disturbance is greatly reduced
by the tendency of the airplane to return to its trim speed. There-
fore, the amount of attention required of the pilot in monitoring air-
speed is greatly reduced. The existence of positive static longitudinal
stability appeared to be a necessary condition in order to achieve the
locked-in feeling desired by the pilots. The limitations due to the
lack of static longitudinal stability have not been clearly defined.
It is noteworthy, however, that, while many statically unstable



airplanes have been flown and manyare flown in approaches on the back
side of the drag curve, there are no knowninstances of airplanes
having been flown operationally with both of these characteristics in
combination.

One other limitation to the approach speed is indicated by the
vertical boundary in figure 5- If other factors did not limit the
approach speed, the minimumspeeds selectedunder ideal conditions in
a constant-speed approach were llO percent of the power-on stall speed.
However, stall speeds have becomemore indeterminate and, therefore,
this boundary is difficult to define. The stall of manyairplanes that
had highly swept and/or low-aspect-ratlo wings tended to be character-
ized by a gradual onset of instability about one or more axes which
contributed to the difficulty of defining the stall speed. The lack
of a well-defined stall warning or the need for an unconventional tech-
nique to recover from an incipient stall often resulted in the use of
higher speeds during the approach.

Further analysis of the flight data and of pilots' opinions
obtained during the flight program indicates the reason "ability to
control flight-path angle" requires a broader interpretation t_n is
afforded by consideration only of the airplane's ability to change
altitude. The pilot, himself, must be considered. In flying at the
minimumcomfortable approach speed the pilot must concentrate a great
deal of his attention to the basic task of controlling altitude pre-
cisely while he must monitor airspeed closely. He must allow more
speed margin to the extent that extraneous control problems divert him
from this basic task. Thus, although secondary considerations, such
as lateral and directional instability and control problems, may force
him to approach at higher speeds, the pilot would still describe the
limiting factor as ability to control flight-path angle.

There were cases where other factors which normally would be con-
sidered extraneous or secondary becameof dominant importance as the
reason for limiting the approach Bpeed. For example, the reduction in
forward visibility at high angles of attack and the marginal ground
clearance at the tail were actually found to be limiting reasons for
several of the airplanes evaluated.

The foregoing discussion has indicated the factors limiting the
approach speed as determined under ideal test conditions. However, it
should be recognized that under actual operating conditions additional
distracting influences, such as traffic density, air turbulence, and
low visibility, may force the pilot to use higher approach speeds.
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CONCLUDING REMARKS

A wide variety of factors which influence the pilot's selection of

an approach speed has been presented. It is apparent from this study

that the low-speed handling qualities of the airplane as a whole should

be considered in order to predict an approach speed. In addition_

reductions in approach speed appear to be possible if the pilots adapt

their control technique to the airplane characteristics.

Extensive work is continuing with both flight and ground simulator

programs. Power-off landings in configurations with very low lift-drag

ratio represent one of the important problems included in the program.

REFERENCE
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FLIGHT INVESTIGATION OF AN AUTOMATIC THROTTLE

CONTROL IN IANDINGAPPROACHES

By Lindsay J. Lina, Robert A. Champlne,
and Garland J. Morris

Langley Research Center

SUMMARY

A flight investigation of an automatic throttle control in landing

approaches has been made. It was found that airspeed could be main-

tained satisfactorily by the automatic throttle control. Turbulent air

caused undesirably large variations of engine power which were uncom-

fortable and disconcerting; nevertheless, the pilot felt that he could

make approaches 5 knots slower with equal assurance when the automatic

control was in operation.

INTRODUCTION

Several previous flight investigations of landing approaches have

been made in an effort to determine the factors influencing the pilot's

choice of minimum approach speed. A number of factors affect this

choice. The determining factors are not always the same. Inability to

control altitude was, however, most often found to be the reason given

by pilots for the choice of minimumapproach speed. There are several

aerodynamic characteristics of an airplane that influence this ability

to control height, but one of the most important is the variation of

drag with airspeed at a constant fllght-path angle. In landing

approaches, when the pilot is holding the airplane to a fixed glide

slope, the airplane is unstable in speed if the approach is being made

at a speed less than the minimum-drag speed. For example, if a disturb-

ance causes a small decrease in speed, the drag will increase and the

speed will continue to decrease until the pilot advances the throttle.

At speeds higher than the minimum-drag speed, the drag slope is stable

and the airplane, if disturbed in speed, will tend to return to the

selected speed without corrective throttle application. Approaches for

landing on short runways and aircraft carriers are usually made at the

minimum speed compatible with good handling qualities of the airplane.
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In an attempt to aid the pilot in these critical landing conditions,
an automatic throttle control was designed and installed in a Navy swept-
wing jet fighter in the belief that reducing the workload on the pilot
might enable him to fly the airplane at a lower approach speed.

DESCRIPTIONOFAUTOMATICTHROTTLECONTROL

A block diagram of the throttle control is shown in figure i. The
throttle control provides automatic stabilization of speed for approaches
on the back side of the drag curve. The control consists of an inner-
loop servomechanismwhich positions the throttle and an outer loop which
includes the engine, the airplane characteristics, and the airspeed
pickup. Adjustment of the manual-throttle position, therefore, is, in
effect, a speed-selection setting by virtue of the outer-loop feedback.
A certain selected position of the manual throttle results in a particu-
lar electrical input signal. This signal is summedwith the airspeed
signal at the first summingpoint and will be canceled by only one par-
ticular value of airspeed. An error in airspeed from the selected value
will result in a signal at the second summingpoint which will then
commanda new throttle position. This new throttle position will change
the thrust and therefore the airspeed until the airplane is flying at
the selected speed.

The airspeed-gain setting for the tests presented provides a
stabilization of about O.05g per knot of airspeed deviation. For the
test airplane, the stabilization was about 740 pounds of thrust change
per knot of airspeed error. A throttle limiter (see fig. i) reduces the
rate of throttle movementfor rapid thrust changes greater than about
i_200 pounds of thrust on either side of the drag curve.

FLIGHT-TESTMETHOD

Flight tests with the automatic throttle control were conducted
using the Navymirror landing system to provide a constant-angle glide
slope. Figure 2 will aid in explaining the mirror landing system. In
operation, the pilot looks at the light which appears in the mirror
from the source lights. If the airplane is above the 4° glide slope,
the image will appear above the reference lights. If the airplane is
below the 4° glide slope, the image will appear below the reference
lights.
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RESULTS AND DISCUSSION

The variation of drag with airspeed for the airplane has been

determined in a flight investigation at the Langley Research Center.

This plot is presented in figure 3 to show the slope of the drag curve

for each landing approach that will be presented. Mirror landing

approaches using manual throttle control are marked "A" and "B" and

approaches with the automatic throttle control are marked "C" and "D."

A comparison will first be made of the two approaches in which

manual throttle control is used. Approach A was made at a speed about

norm_l for the test airplane, whereas approach B was at a speed less

than normal. It should be noted that the slope of the drag curve is

positive for approach A and negative for approach B. Figures 4 and 5
are time histories of these two approaches. The measurements shown are

elevator deflection _e, engine thrust Fn_ airspeed corrected to a

constant weight Ve, and altitude h. The time scale is in seconds

before touchdown. Although the pilot was able to maintain speed and

flight-path angle almost equally well for both approaches, the greater

difficulty of making the lower speed approach is apparent from the

larger amount of throttle movement and elevator movement required.

The effectiveness of the automatic throttle control in relieving

the pilot of the task of maintaining a selected speed is shown by com-

paring the time histories of approach B (fig. 5) and approach C (fig. 6).

It can be seen in figure 3 that approach C is at a lower airspeed and

has a more negative slope than approach B. The comparison shows that

the pilot was able to maintain the proper flight path about as well with
the manual throttle control (fig. 5) as with the automatic throttle con-

trol (fig. 6) and the speed was kept constant within about the same

limits. However, the automatic control relieved the pilot of the task

of keeping the speed constant and he was able to make the approach at a

lower speed. It should be noted that the automatic control made more

frequent throttle adjustments than the pilot. Combined effects of other

factors such as buffeting 3 lateral control, longitudinal stability, and

attitude angle prevented further reduction of the approach speed. In

the pilot's opinion, landing approaches with the automatic throttle con-

trol at low speeds were easier and were made with less apprehension than

those made with the manual throttle control at the same speed.

The approaches shown so far were in relatively smooth air.

Approaches were also made in very turbulent air. One of these approaches

is presented and is shown at point D on the drag curve (fig. 3). A

comparison of this approach with approach C shows that it was made at a

higher speed with less airspeed instability. The time histories of

these two approaches (figs. 6 and 7) show a comparison of the operation

of the automatic throttle control in smooth air and in very turbulent
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air. It can be seen that again the flight path was flown about equally

well and the speed was held nearly constant for both approaches, but

large and frequent throttle adjustments were made by the automatic con-

trol in response to the gusts. The pilot found that engine surging was

very uncomfortable and disconcerting_ but preferred to make approaches_

even in rough air, with the automatic throttle control operating. The

pilot felt that he could make approaches 5 knots slower with equal

assurance when the automatic control was in operation.

CONCLUDING Pd_MARKS

A flight investigation of an automatic throttle control in landing

approaches showed that airspeed could be maintained satisfactorily.

Turbulent air caused undesirably large variations of engine power which

were uncomfortable and disconcerting; nevertheless, the pilot felt that

he could make approaches 5 knots slower with equal assurance when the

automatic control was in operation. Some additional flight tests will

be made in an effort to determine the airspeed-gain settings and

throttle-limiter characteristics for desirable operation in both smooth
and turbulent air.
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CONTROLLABLE THRUST REVERSER FOR FLIGHT AND LANDING

By Seth B. Anderson and George E. Cooper

Ames Research Center

INTRODUCTION

It is a known fact that increased approach speeds result in an

increase in accidents of the overshoot type. One factor affecting

approach speeds noted by Fred J. Drinkwater IIl in a previous paper was

thrust response. Recent experience obtained during landings of a wide

variety of jet airplanes has indicated that pilots tend to compensate

for poor thrust response by increasing approach speeds.

Rapid thrust response and increased control over the level of thrust

can be provided by a thrust reverser which is fully controllable by the

pilot. By virtue of its ability to change the effective ratio of lift

to drag, the x'everser can be used to control the glide path over a wide

range.

The feasibility of several thrust-reversing principles has been

demonstrated during taxiing tests at the Lewis Research Center (refs. 1

and 2). The results of an earlier attempt to use in-flight thrust modu-

lation are given in reference 3. In order to investigate further the

in-flight and ground use of a modulating thrust reverser_ the Ames

Research Center installed a reverser on a Lockheed F-94C. The results

of 80 flights in which the reverser was used during high-speed,

landing-approach_ and ground operation are discussed.

DESCRIPTION OF REVERSER

The reverser was of the cylindrical target type, actuated hydrau-

lically_ and controlled by means of a "heep switch" mounted on the

throttle. The reverser installed on the Lockheed F-94C airplane is

shown in figure i. As may be seen_ the reverser was rugged and was

suitable for research purposes only. Fail-safe features allowed the

exhaust gases to open the reverser in case of an electrical or hydrau-

lic failure. In addition_ a hydraulic accumulator insured rapid opening

of the reverser in an emergency.

D
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OPERATIONAL USE OF REVERSER

Although the reverser location on the Lockheed F-94C is different

from that contemplated for jet transports, some of the benefits and

problems in the operational use of the reverser may be common to both

applications.

Landing Procedure With Reverser

In using the reverser during a landing approach where speed and

flight-path angle remain relatively constant, such as in an instrument

approach, engine speed N is set and maintained constant at 85 percent

(slightly more than thrust for level flight at the approach speed). The

reverser is deflected, first to decelerate the airplane to the gear-down

speed, then to the flap-down speed, and then to the desired approach

speed V i of, for example, 140 knots. With the airplane trimmed at the

approach speed, flight-path adjustments are made by positioning the

reverser. Speed adjustments, if necessary, can be obtained quickly by

reverser positioning together with angle-of-attack changes by means of

the elevator. As soon as all wheels are on the runway, reverser deflec-

tion is increased from 0.4 (that used to maintain the desired approach

angle) to full reverse position, and the engine speed is advanced to

100 percent. The point to remember is that maximum braking can be

obtained immediately, in contrast to the proposed operation for Jet

transports where engine speed is reduced to idle, reversers are

deflected, and then engine speed is advanced.

It was found that use of the reverser resulted in a number of bene-

fits, some of which are directly applicable to the jet transport. For

one thing, pilots reported an improvement in control of airspeed and

control of location of touchdown point. The factors responsible for

this improvement were the thrust response characteristics of the

reverser in conjunction with the wide range of approach angles made

available. A comparison of the thrust response with and without the

reverser is shown in figure 2. The variation of the change in flight-

path angle with reverser position is shown in figure 3. Note that a

3° approach requires only a small reverser deflection.

The advantages of reverser control over throttle control were found

to become more pronounced with increases in deviations or corrections

required in either flight-path angle or airspeed. This fact was brought

out in GCA, ILS, and mirror approaches in which the glide path was

intercepted with 15 knots of excess airspeed. By using the reverser,

the airspeed was reduced rapidly from 155 knots to 140 knots, and the

pilot was free to devote his attention as desired during the rest of

the approach. When using the throttle, particularly in mirror and ILS

Q



approaches where the time element is shorter, it was necessary to retard

the throttle to idle in order to decelerate to 140 knots prior to touch-

down. Because of the poor thrust response in the low engine-speed range,

the pilot was reluctant to retard the throttle to idle; consequently,

touchdown was made at a higher speed than desired, and an undue amount

of attention was required to monitor airspeed during the long speed-

transition period.

Effect of Reverser Use on Approach Speed

As indicated previously, thrust response was one of the factors

influencing the choice of minimum approach speed. It would be expected

that where thrust response when using the reverser was greater than that

when using the throttle, reductions in approach speed would occur.

This expectation was found to be the case, as indicated by the data

shown in figure 4 in which the variation of flight-path angle with

selected approach speed is presented for approaches made with reverser

and with throttle. It can be seen that the magnitude of the reduction

in approach speed due to the reverser varied with the steepness of the

flight-path angle. Normally, a_ increase in approach angle will be

accompanied by some increase in approach speed in order to maintain a

safe margin for flare. It is seen, however, that with the reverser it

was possible to approach at angles up to i0 o with only small increases

in approach speed. These steeper approach angles were possible only

because the thrust could be increased rapidly by using the reverser to

offset the airspeed decrease during the flare. Such steep approaches

were not considered possible by the pilots without the positive rapid

thrust control provided by the reverser. Although no reductions in

approach speed were realized at low angles, there was, however, an

improvement in flight-path control which resulted in an advantage in

controlling the tendency to float after the flare by reducing the
residual thrust.

Effect on Wave-0ff Characteristics

One of the most impressive improvements obtained through use of

the reverser was in wave-off. This improvement resulted from the rapid

thrust response and a longitudinal-trim change with reverser deflection

which served to rotate the airplane immediately to the climb-out

flight-path angle.

Use of Reverser For In-Flight Deceleration and Emergency Descent

The reverser was particularly useful for in-flight deceleration

and emergency descent where it is necessary to lose altitude rapidly
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without exceeding a limit airspeed. For this purpose the reverser was
found to be superior to aerodynamic speed brakes both from the decelera-
tion and buffet aspects.

Effect of Trim Change

Someof the actual and potential problem areas were disclosed by
the reverser tests. For the installation tested, a longitudinal-trim
change with reverser deflection was the most serious aerodynamic problem
arising. The trim change becamemore severe with increasing amounts of
engine power and lower values of airspeed. The effect of reverser modi-
fications on the longitudinal trim is shown in figure _. For both con-
figurations (designated A and B) it can be seen that the elevator angle
required for trim at the larger reverser deflections exceeds that which
is available. Configuration B, although providing an increase in the
usable range of reverser deflection, was unsatisfactory because of the
inflection occurring at 0.4 deflection. It should be noted that the
severity of the trim change increased with an increase in reverse
effectiveness. For example, this large trim change corresponds to a
reverse-thrust ratio of 80 percent. With a lower effectiveness of, for
example, 40 percent, ample elevator control was available over the full
reverser range. In addition, tests conducted at the AmesResearch
Center have disclosed that a certain amount of trim change (nose-up with
increasing thrust) maybe desirable since it gives the pilot an immediate
indication of a change in flight-path angle. It would be expected that
the trlm-change type of disturbance would be less serious on the Jet
transport since the reverser location would not have as pronounced an
effect on the flow in the vicinity of the horizontal tail. For the
reverser positions used in a landing approach at l_O knots, the exhaust
wake was not widened essentially from that of the normal engine-exhaust
wake at 3._-wing-chord lengths in the rearward direction, which is
representative of the tail distance from the inboard engine pod of a
jet transport. At a deflection of 0.8 the wake was doubled in width
and, with someengine locations, maybuffet the tail. In addition,
because of the flow of exhaust gases near the wing, there would be more
reason to expect greater disturbing effects on other items such as
stalling, lateral stability and control, and buffeting.

EFFECTOFREVERSERONMISCELLANEOUSCHARACTERISTICS

Tests showed that deflection of the reverser had no marked effect
on the lateral directional dynamic stability or damping, the static
directional stability, and the pitching momentdue to sideslip.
Although the stalling characteristics were not altered, the apparent
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stalling speed or minimum flight speed (determined by maximumelevator

deflection) was increased because of the trim change mentioned

previously.

Buffet induced by the reversed exhaust gases was considered mild;

the greatest intensity occurred in the intermediate reverser deflection

range where tuft studies showed exhaust-flow attachment to the fuselage

skin ahead of the reverser. Certain problems inherent in the use of the

reverser, such as a longitudinal-trim change, buffeting, and heating

effects, became less serious as the airspeed increased. It would be

expected that a similar effect would be experienced with a wing-pod

mounted installation.

Deceleration values of approximately 1/3g were obtained with full-

reverse thrust during the landing roll, and reductions resulted in

landing roll of the order of one-half that of using brakes alone.

Structural heating of the blunt rear fuselage fairing restricted

reverser use at full engine power to speeds greater than _0 knots.

There was no increase in engine-inlet temperature at speeds greater

than _0 knots when using full-reverse thrust.

The "beep control" was a satisfactory method of controlling the

reverser for the tests conducted, but several limitations were noted

which indicate that a proportional type of control would be desirable

for operational use.

CONCLUSIONS

The following conclusions have been made from the investigation

of a modulating thrust reverser on the Lockheed F-94C airplane.

1. Use of the reverser in landing approach resulted in improved

control over a relatively large range of flight-path angles for a

given approach speed. Large reductions in approach speed were realized

by using the reverser rather than the throttle for steep approaches.

2. Improved control of flight-path angle was made possible by the

rapidity with which large thrust changes could be made; this improve-

ment resulted in improved accuracy in selecting the touchdown point

with the use of the reverser. Some of the improved flight-path control

resulted from a nose-down trim change with decreasing thrust induced

by the reverser.

5. The longitudlnal-trim change induced by the reverser compromised

its use in landing approach by restricting the usable deflection range.
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Improvements were noted in the use of the reverser for deceleration at

high speeds or as an emergency letdown device.

4. The wave-off characteristics of the airplane were improved by

rapid thrust response and the nose-up trim change produced by the

reverser.

_. Deceleration values of approximately 1/Sg were obtained with

full-reverse thrust during the landing roll and reductions resulted in

landing roll of the order of one-half that of using brakes alone.

6. There were no marked changes in the lateral directional dynamic

stability characteristics, the static directional stability, or the

pitching moment due to sideslip because of the use of the reverser.

7. The reversed flow resulted in mild buffet of the airplane and

controls.

8. Structural heating of the blunt rear fuselage fairing restricted

reverser use at full engine power to speeds greater than 50 knots, but

did not result in an increase in engine-inlet temperature.

9. The "beep control" was a satisfactory method of controlling the

reverser for the tests conducted; however, a proportional type of con-

trol would be desirable for operational use.
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A REVIEW OF STATISTICS OF AIRPLANE LANDING CONTACT CONDITIONS

By Norman S. Silsby

Langley Research Center

INTRODUCTION

The manner in which airplanes are landed in routine operations is

of primary concern in setting limitations on the operation of airplanes

on existing runways, in the design of new runways, in the design of the

airplanes themselves, and to some extent in the overall safety of flight

operations. For several years, a continuing program has been in progress

at Langley to obtain a large number of measurements of landings of var-

ious types of land-based commercial and military airplanes in order to

obtain statistical descriptions of the contact conditions at touchdown

(refs. 1 to 6). The present paper gives a brief summary of data obtained

in this program and includes a recent evaluation of the effect of airport

altiLude on landing contact conditions.

DISCUSSION

Three of the more important contact conditions which have been under

investigation are shown schematically in figure 1. This sketch repre-

sents an airplane approach and landing on a runway with contact at a

distance _ from the runway threshold. The contact conditions measured

were the vertical velocity (obtained for each of the main landing-gear

wheels, the average of which is considered to be the center-of-gravity

vertical velocity Vv of the airplane), the horizontal velocity Vh,

and the distance _. Measurements of these quantities are obtained by

a specially developed photographic technique described in reference 7-

Although the horizontal velocity Vh that is measured with the

camera setup is the ground speed, for purposes of analysis the measured

values are converted to true airspeed V t and expressed as a percentage

above the estimated stalling speed.

Most of the published data to date (refs. 1 to 6) relate essentially

to sea-level airports. A question was raised as to a possible effect of

altitude on the contact conditions. Consideration of the lower density

at altitude suggested that the contact conditions might be somewhat more

severe, on the average, in landings on terrain above sea level. There-

fore, a recent investigation was undertaken to obtain comparable
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measurementsat a mile-high airport (Stapleton Airfield in Denver,
Colorado), and at a sea-level airport (International Airport,
San Francisco, California). Several airlines serve each airport in suf-
ficient volume of the various current transport airplanes to permit a
substantial a_ount of statistical data to be obtained in a relatively
short time. About 185 routine operational landings were obtained at
Denver and about 670 routine landings at San Francisco. The effect of
altitude has been examinedby comparing a sample of the landing measure-
ments taken at Denver with a comparable sample having the samedistri-
bution with regard to airplane types (selected at randomfrom the
SanFrancisco landings). Thus, a statistical sample of 170 landings at
each airport was obtained for comparison and analysis.

A comparison of the statistical distributions of vertical velocity
is shownin figure 2. In this bar graph, the vertical height of each
bar represents the numberof landings, or frequency, in percent of the
total landings of the occurrence of values of vertical velocities in var-
ious 0.5 ft/sec intervals from 0 to 0.5, 0.5 to 1.0, 1.O to 1.5, ....
The solid bars represent San Francisco data and the hatched bars repre-
sent Denver data. The plot showsa marked difference in the distribu-
tions for the two airports, with the highest frequency occurring in the
0 to 0.5 ft/sec interval at Denver, whereas the highest frequency at
San Francisco occurs in the 1.O to 1.5 ft/sec interval.

This difference in distribution, that is, a larger numberof
landings at Denver in the lower vertical-velocity_intervals results in
a statistically significant lower meanvelocity Vv of 0.92 ft/sec for
Denver comparedwith the meanvalue of 1.27 ft/sec for San Francisco.
It thus appears that for an airport at high altitude the effect on verti-
cal velocity of airplane landings is to reduce the severity, on the
average. The distribution indicates that at each airport the maximum
vertical velocity occurred in the sameinterval (3.5 to 4 ft/sec).

Figure 3 shows a similar bar graph for the location of the contact
points downthe runway, where the vertical scale is again frequency of
landings, percent total, occurring in the various 400-foot intervals
of Z (0 to 400, 400 to 800, ., 2,400 to 2,800). Both distributions
indicate that the maximumfrequency (something over 40 percent of the
airplane landings) of contact points were in the 800- to 1,200-foot inter-
val. The meandistance T was 1,058 feet at San Francisco and 1,151 feet
at Denver, differing by only lO0 feet. The meancontact point 7 occur-
ring at about 1,O00 feet has been the value obtained for all airports
and for all airplane types investigated so far, regardless of the lengths
of runways, which have varied between about 6,500 feet to close to
9,000 feet. An analysis of the landing-contact points on two parallel
runways identified at San Francisco as runways 28L and 28R (6,500 feet
and 8,870 feet, respectively) indicated no significant differences in



contact-point distributions. It consequently appears that, where run-
way length is more than adequate, someother factor or factors must
influence touchdown point, possibly a natural target, such as runway or
taxiway intersections, or possibly a desired turnoff point.

The bar graph of figure 4 showsa comparison of the frequency dis-
tributions of the airspeed at contact Vt (expressed in percent above
the stall) occurring in various intervals 0 to lO, lO to 20, ....
These velocity distributions for the two airports are very similar, with
the maximumfrequency occurring in the samerange_20 to 30 percent above
the stalling speed and the meantrue airspeeds Vt being virtually the
same(24 and 25 percent above stalling speed). There was also about the
samepercentage of landings occurring in the samehighest bracket (50 to
60 percent above the stalling speed) for the two airports. It should be
mentioned that although the percentages above the stalling speed are
about the same, the true airspeeds and the stalling speeds are about
lO percent higher for Denver than for San Francisco because of the rela-
tive air densities.

These recent results have indicated tD_t the effect of altitude was
to reduce the severity of the vertical velocity somewhatbut to increase
slightly the probability of touching downa little farther downthe run-
way, whereas essentially no difference was noted in the percentage of
true airspeed above the stalling speed. An up-to-date summaryof data
on landing contact conditions available from the present investigation
and from references 1 to 6 is given in the following table:

Type

of

operation

Commercial

Military

Jet fighters

Large bombers

Propeller

Jet

Number

of

landings

1,333

771

144
222

Vv, ft/sec

Mean Maximum

1.3 5

1.4 10.8

Vt, percent

above stall

Mean Maximum

25 59

23 62

19 41

23 68

_, ft

Mean Maximum

1,080 2,450

960 2,800

The results are broken down according to types of airplane opera-

tion, the two main types being the commercial and military. The mili-

tary operations are further divided into jet-fighter and large-bomber

types, and the large bombers are subdivided into propeller and jet types.
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The data summaryconsists of meanand maxlmumvalues for the three
contact conditions already discussed, namely_ vertical velocity Vv,
true airspeed Vt in percent above the stalling speed, and distance
of the touchdownpoint from the runway threshold. The meanvalues of
vertical velocity for the military airplanes are somewhatlarger than
for the commercial airplanes, as are also the maximumvalues. A maxl-
mumvalue of 10.8 ft/sec was obtained in one landing of a jet fighter,
the next lower values being about 7 ft/sec, for which there were three
occurences. With regard to airspeeds Vt at touchdown, the meanvalues
in percent above stall for the military operations were slightly smaller
than for the commercial airplanes while the maximumsin general were
greater. These comparisons also hold for the distance downthe runway;
that is, meandistances were smaller and maximumslarger for military
operations than for commercial operations.

Oneexplanation for the somewhatmore severe contact conditions
obtained in military operations is that a substantial proportion of
the military landing data was obtained during operational and transi-
tional training, which has been found to result, on the average, in
somewhatmore severe contact conditions. Although no statistical data
are yet available on jet transports, the comparison in the military
category between propeller-driven and jet-propelled large airplanes
indicates no significant differences between the landing contact condi-
tions of the two types.
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TEE-TO-SURFACE FRICTION ESPECIALLY UNDER WET CONDITIONS

By Richard H. Sawyer, Sidney A. Batterson,
and Eziaslav N. Harrin

Langley Research Center

SUMMARY

The results of measurements of the maximum friction available in

braking on various runway surfaces under various conditions is shown

for a C-123B airplane and comparisons of measurements with a tire-

friction cart on the same runways are made. The results of studies of

wet-surface friction made with a 12-inch-diameter low-pressure tire on

a tire-friction treadmill, with an automobile tire on the tire-friction

cart, and with a 44 X 13 extra-high-pressure type VII aircraft tire at

the Langley landing-loads track are compared. Preliminary results of
tests on the tire-friction treadmill 1_der wet-surface conditions to

determine the effect of the wiping action of the front wheel of a

tandem-wheel arrangement on the friction available in braking for the

rear wheel are given.

INTRODUCTION

The coefficient of friction which can be developed between an air-

plane's tires and the runway surface is, in many cases, a primary factor

in determining whether the airplane can make a safe stop in a landing

on a given runway. Since most of the information available on tire-to-

surface friction in braking is limited to measurements made at low

speeds with automobile tires for the full-skid (that is locked wheel)

condition, investigations have been undertaken by the Langley Research

Center to provide information on tire-to-surface friction more directly

applicable to aircraft braking. In these investigations, because of the

increasing use on aircraft of automatic braking devices which attempt

to prevent locking of the wheels and at the same time attempt to take

advantage of the greater friction-coefficient values obtainable for the

wileel in the incipient-skidding condition, particular attention has been

paid to measuring the incipient-skidding (that is, maximum) value of the
friction coefficient.
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MEASUREMENTS ON ACTUAL RUNWAYS UNDER VARIOUS CONDITIONS

The first investigation was made in actual landing runs of a

C-123B airplane (fig. l) on various runways under various conditions.

The main gear of this airplane was equipped with 49-inch-diameter

(type III, 17.00-20 , 16 ply rating) low-pressure tires which were

inflated to a pressure of 65 lb/sq in. The airplane was equipped with

an antiskid braking system which cycled the brakes on and off at a rate

of about 2 cycles per second, producing traverses of the wheel slip

ratio through the incipient-skidding condition and thereby allowing

measurements of the maximum friction coefficient to be made frequently

during the braked portion of the landing run.

Tire-to-surface friction measurements have also been made with the

friction cart shown in figure 2. This cart, which is equipped with two

4-ply 6.70-15 automobile tires, was developed as a possible operational

device for measuring the available friction on the runway. The two

wheels of the cart are geared with a gear ratio less than 1.0 so that

one wheel is forced to operate near the incipient-skidding condition.

Figure 3 presents mean values of the maximum friction coefficient

obtained over a speed range of about 15 to ll5 knots for the airplane

and up to about 50 knots with the cart on the same surfaces.

The agreement of the airplane and cart results for the surfaces

shown is seen to be good. For dry surfaces, values of maximum friction

coefficient of about 0.8 were obtained. On snow-covered surfaces, val-

ues of maximum friction coefficient ranging from about 0.24 to 0.37 were

found, with the value apparently dependent on the subsurface. On ice,

values of maximum friction coefficient of 0.18 to 0.20 were obtained,

with no effect of temperature noted at the two temperatures of the

investigation.

For wet surfaces, an example of comparative results with the air-

plane and cart is shown in the lower part of figure 4. It can be seen

that the apparent decrease in maximum friction coefficient with speed

and the large variations in maximum friction coefficient, which are

attributed to the effect of differences in depth of water along the

runway, made correlation of the results difficult. The apparent decrease

in maximum friction coefficient with speed is believed to be associated

with a gradual penetration by a film of water under the tire. This

gradual penetration occurs because as speed is increased the tire has
less time to overcome the inertia and viscous effects of the water in

displacing the water from the path of the tire. Therefore, with
increasing speed, the water penetrates farther and farther under the

tire until the whole footprint is supported on a film of water and the

tire is in effect "aquaplaning." The extremely low values of maximum



39

friction coefficient obtained with the airplane, which are especially

apparent at the high speeds, in the heavy rain condition shown in the

upper part of figure 4 are believed to be associated with a considerable

penetration by a film of water under the tire.

An elementary analysis of this wet-surface phenomenon, based only

on pressure and inertia-force considerations, indicates that the fric-

tion available should decrease with increase in the dynamic pressure

exerted by the water on the tire, decrease with decrease in the tire

footprint bearing pressure, and decrease with increase in the depth of

water. Other factors such as footprint shape and tread design also
influence the friction coefficient.

WET-SURFACE MEASUREMENTS BY VARIOUS METHODS

To study this low-friction wet-surface phenomenon under controlled

conditions, the apparatus shown in figure 5 was built. In testing, a
sheet of water is flowed onto the endless belt from the nozzle at the

same speed as the belt while the 12-inch-diameter low-pressure tire is
braked.

Some illustrative results of friction-coefficient measurements with

the treadmill taken from reference 1 are shown in figure 6. The losses

in maximum and full-skid values of friction coefficient with increase

in speed are as predicted by the elementary analysis of the effect of

the dynamic pressure of the water. For speeds in the equilibrium region

indicated in figure 6, the wheel tends to stop with no braking applied,

reaching a condition of stable equilibrium in the stopped position. At

these speeds it can be seen that the free-roll friction coefficient has

increased to a value as great as or greater than the full-skid value.

Apparently, in this condition the pressure, inertia, and viscous forces

of the water create a torque on the wheel which is equal and opposite to
the torque from the frictional force.

Studies of wet-surface friction have also been made by towing the

friction cart at various speeds through a water trough. The trough

testing method was originated and developed by James P. Trant_ Jr., at

the Langley Research Center. The trough was constructed by simply

erecting two low parallel walls on a concrete road surface. Some of

the results of these measurements are given in figures 7 and 8. Figure 7

shows the effect of the depth of water and, as predicted by the elemen-

tary theory, the maximum friction decreases with increase in depth. It

is interesting to note the large losses at the higher speeds, even for

the thinnest depth of water. In figure 8, the predicted favorable

effect of increasing the tire footprint bearing pressure is borne out
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by the increase in the maximumfriction coefficient with inflation
pressure.

To study wet-surface friction at speeds and tire pressures more
representative of aircraft operation, sometests have been madeof a
44 x 13 extra-high-pressure, 26 ply rating, type VII tire at the Langley
landing-loads track. For this purpose a water trough was constructed
on the track roadbed. Preliminary results from these measurementsare
shownin figures 9 and lO.

Figure 9 showsthat the maximumfriction coefficient for this air-
craft tire decreased rapidly as water depth increased in a similar fash-
ion to the results obtained with the friction cart. The large decrease
in friction from the dry-surface value (maximumfriction coefficient of
the order of 0.7 to 0.8) for the thinnest depth is also similar to the
cart results.

Measurementson the local runways indicated that in a moderate
rain depths of water up to 0.35 inch existed in puddles several hundred
feet long and that 90 percent of the surface was covered with a minimum
depth of water of 0.03 inch. A depth of water of 0.I inch was accord-
ingly selected for the tests at several tire pressures and speeds, and
the results of these tests are shownin figure i0.

The _MAX values are seen to drop rapidly with increase in speed,
values equal to about zero occurring at a little over i00 knots. The
influence of inflation pressure is somewhatdifficult to see, but there
is someindication that at speeds below 80 knots the lowest tire pres-
sure gives somewhathigher values of _MAX,whereas at speeds above
80 knots the highest tire pressure gives somewhathigher friction.

Since the elementary analysis indicated that the friction would be
a function of the dynamic pressure of the water and the tire footprint
bearing pressure, the results from the treadmill_ friction cart, and
landing-loads track are comparedfor one depth in figure ii on the basis
of the ratio of the dynamic pressure q to the gross footprint bearing
pressure pg. The results for the treadmill are for 0.09 inch of water_
while the results for the friction cart and landing-loads track are for
0.i inch of water. The treadmill and friction-cart results are for the
recommendedtire inflation pressure for the wheel loading used in each
case. The recommendedinflation pressure for the aircraft tire as
loaded is 150 ib/sq in. The measured rolling friction has been sub-
tracted from the treadmill results as the friction-cart and landing-
loads-track measurementsdo not include rolling friction. The agreement
of the results from the three methods, comparedon the basis of q/pg,
is seen to be fairly good. In general it appears that prediction of
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the friction for the aircraft tire from either the treadmill or cart
results on this basis would lead to somewhatunconservative results,
with the predicted friction coefficient being somewhathigh. Attempts
to strengthen the agreement of these results by involving other parame-
ters such as footprint shape, tread design and wheel size have not yet
proved successful.

The problem of low friction on wet surfaces can be alleviated, of
course, by providing better drainage_ perhaps through more crown on the
runways, or creating escape paths for the water by better tread design
or through use of a knobby surface. Higher bearing pressures attained
through use of higher inflation pressures, tread design, or use of sharp
angular-textured aggregates in the surface which give local bearing
pressures of 2,000 to 8,000 ib/sq in. can all increase the friction
available.

Another possibility, removal of the water by wiping action, has
been tried on the treadmill with the tandem-wheel arrangement shown in
figure 12. The wheel on the right in the figure wipes a path for the
other wheel which is braked. Tests were madewith the wheels as shown
_ also with +_ wi_er wheel lifted _+ _ +_ way. _.... _ of _
measurementsare given in figure 13.

The favorable increase in the maximumand full-skid friction coef-
ficients for the tandem arrangement at the higher speeds is quite evi-
dent. Considering the maximumfriction values for both the tandem- and
single-wheel arrangements, for a bogie gear with equal loads carried
on the front and rear wheels and both wheels braked the effective maxi-
mumfriction coefficient would be about 0.3 at the highest speed, an
increase of 50 percent over the single-wheel value or the meanof two
single-wheel values. Actually, in these tests only about 20 percent of
the total weight was carried on the front wheel, and for such a weight
distribution a gain of about 80 percent in the effective friction coef-
ficient can apparently be realized. For the tandem arrangement, the
full-skid and free-roll curves appear to indicate that the speed at
which difficulty would be experienced in having the wheel attain the
condition of equilibrium would be extended considerably.

CONCLUDINGREMARKS

The effect of runway surface on the maximumfriction coefficient
has been shownfor actual landings of a C-!23B airplane on various sur-
faces under various conditions. Results of measurementsmadewith a
friction cart were found to agree with the airplane results for dry,
snow-covered, and icy surfaces, but correlation of airplane and cart
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results for wet surfaces was found to be very difficult. Study of wet-
surface friction indicated that the loss of adhesion is related to the
dynamic pressure of the water_ the tire footprint bearing pressure_ and
the depth of water. Measurementsof friction obtained by three methods
for one depth of water agreed fairly well when comparedon the basis of
the ratio of the dynamic pressure of the water to the gross footprint
bearing pressure. The wiping action of the front wheel of a tandem-
wheel arrangement was shownto increase considerably the friction avail-
able on the rear tire.
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STUDY OF TAXIING PROBL_4S ASSOCIATED

WITH RUNWAY ROUGHNESS

By Benjamin Milwitzky

Langley Research Center

SUMMARY

This paper briefly reviews available statistical data on airplane

taxi operations, examines the profiles and power spectra of four runways

and taxiways covering a wide range of surface roughness, considers (on

the basis of theoretical and experimental results) the loads resulting

from taxiing on such runways over a range of speeds and, by synthesis

of the aforementioned results, proposes new criteria for runway and

taxiway smoothness which are applicable to new construction and may be

used as a guide for determining when repairs are necessary.

INTRODUCTION

The motions and loads caused by runway and taxiway irregularities

can produce a broad spectrum of operating difficulties, ranging from

fatigue damage and structural failures to pilots' complaints. Recent

trends in airplane design, such as increased structural flexibility and

the use of large external stores, have Berved to aggravate the situation.

For some time, a research program has been in progress for the study

of various aspects of the runway-roughness problem, such as the statis-

tics of taxiing operations, the dynamics of the landing gear in taxiing,

and the roughness characteristics of many runways in this country and

abroad, the latter with the aid of surveys provided by countries of the

North Atlantic Treaty Organization through the Advisory Group for

Aeronautical Research and Development.

Because existing criteria for runway surface smoothness are largely

subjective, much attention is being given to the development of improved

criteria on a more rational engineering basis. Three questions that

require answers are:
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(i) At what level does roughness becomea problem?
(2) Howshould runway surfaces be specified?
(3) Is there anything the pilot can do to minimize the effects

of roughness?

Recent research has provided information which maybe used to
answer these questions and the present paper attempts to summarize
current thinking on the subject.

RESULTSANDDISCUSSION

VGHData

To begin with_ a few simple statistical results are presented in
the following table :

AIRLINEEXPERIENCE

(Based on VGH-RecorderData)

Taxiing time ....... Approximately 5 minutes
Time on taxiways ........... 80 percent
Primary response .......... 1.5 to 2 cps

Study of manyVGHrecords from airline operations showsthat the amount
of time spent in taxiing is remarkably" constant, approximately 5 minutes
per flight (the word "flight" including one departure and one arrival).
Very significantly, about 80 percent of this 5 minutes of taxiing is
done on taxiways. Available flight records also show that for a wide
range of airplanes_ regardless of size and mission_ the predominant
response of the landing gear occurs in a very narrow frequency range3
between 1.5 and 2 cycles per second; and this includes data from
fighters, transports, and heavy bombers. Theoretical studies of landing-
gear dynamics also show the samenarrow sensitivity band. For fre-
quencies outside this band, the landing gear provides relatively good
isolation of the airplane from ground disturbances. The fact that the
sensitive range is virtually always between 1.5 and 2 cycles per second
is due to the standardized way in which tires are specified and shock-
strut compression ratios are normally chosen.
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Runway Profiles

Some idea of the roughness which may be encountered by airplanes

can be gained by examining some typical runway profiles (fig. 1). For

clarity the elevations are greatly magnified with respect to the hori-

zontal distance, adjacent ticks representing an increment in elevation

of 0.05 foot or 0.6 inch. The uppermost profile is a section from a

former runway, now inactive as a runway but used as a taxiway. This

particular taxiway is the worst of the 50 or so profiles that have been

analyzed to date. Next is a profile from a runway which shall be called

"runway X." Runway X is an active operational runway that is sup-

posed to be good from an engineering standpoint but has caused pilots'

complaints. The third plot shows a length of a very good commercial

runway at a large international airport. Finally, a profile is shown

of the pavement of the landing loads track at the Langley Research

Center, which had to be very smooth for use in research.

The wide range of roughness from top to bottom of figure 1 is

immediately evident. Closer inspection shows that each profile is com-

posed of a jumble of superimposed waves of different wave lengths, the

_uplitudes generally becoming larger as the wave lengths increase.

These elevation profiles give a qualitative idea of the surface

roughness but for technical analysis quantitative information regarding

the variation of the amplitude of the waves with the wave length is

needed. One way of showing this relationship is by means of the power

spectrum, a form of which is presented in figure 2. For the present

purposes, the ordinate ¢ can be considered simply as an index of the

relative amplitudes corresponding to the wave lengths shown on the

abscissa. As expected, the uppermostcurve is for the rough taxiway,

whereas the spectra for the Langley landing loads track and the com-

merical runway fall considerably lower. Runway X, although better

than the commercial runway at long wave lengths, appears to be almost

as bad as the rough taxiway at intermediate wave lengths where the data

end.

Since landing gears transmit the greatest loads when the impressed

frequencies are between 1.5 and 2 cycles per second, the critical runway

wave length corresponding to any given taxi speed can now be defined.

If the speed range from 20 to 130 knots is considered, the critical

wave lengths are found to lie between 17 and 150 feet. This region is

of greatest concern, since the landing-gear response will be much

reduced outside this range.
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Taxi Loads

Figure 3 is a statistical presentation showing the frequency of

occurrence of the loads that an airplane might experience in taxiing

over the different types of runway in, for instance, 1,O00 flights.

The ordinate is the cumulative frequency of occurrence; that is, the

number of acceleration peaks, both plus and minus, that will reach or

exceed a given level in 1,OOO flights. The solid-line curve is based

on an analysis of a large amount of VGH data obtained in airline opera-

tions and might be considered as a national average. The other curves

were derived from theoretical studies of taxiing on the four runways

previously discussed and are based on a taxi speed of 30 knots. The

end point at the zero-g level represents the total number of accelera-

tion peaks experienced during the exposure time involved.

If all the taxiing were done on the rough taxiway, the loads would

be about 3 times as high as the national average. Runway X, which

has produced some complaints, appears to be comparable to the national

average, whereas the good commercial runway and the Langley landing

loads track would impose considerably smaller loads on the airplane.

The implications regarding fatigue problems which may be caused by the

different levels of roughness are self evident.

The effect of airplane taxi speed on the loads is illustrated in

figure 4. The ordinate is the average acceleration amplitude resulting

from traversing a given runway at a particular speed. The curves,

again, are based on theoretical studies of taxiing over the four run-

ways under consideration. The three experimental points shown were
obtained from acceleration records of taxi tests of an F-1OO airplane

over runway X and give some confidence in the theoretical results.

For reference, the straight line on the left represents the average

acceleration amplitude from the VGH records of airline operations.

Again, the rough taxiway is seen to be very rough. The accelerations

for runway X are slightly above the national average throughout most

of the speed range. The good commercial runway may begin to cause

trouble at very high speeds. It is evident from these results that the

variation of the acceleration with speed is closely dependent on the

detailed characteristics of the runway. Thus, to answer one of our

questions, there isn't much the pilot can do about reducing the loads

on a rough runway except to taxi at very low speeds.

From the fact that runway X has caused complaints and also lies

close to the national average, the airline data can be used to derive

some rough inferences regarding the levels of acceleration that might

be considered as limits for a satisfactory runway; on this basis, the

average acceleration amplitudes for the usual range of operating speeds
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should not exceed about _ (fig. 4), and the maximum acceleration at

speeds around 30 knots should not exceed about _ (fig. 3).

Specification of Surface Smoothness

In the specification of runway-surface smoothness, current practice

generally requires that the maximum deviation from a 10-foot straight

edge shall not exceed 1/8 inch. Frequently, a second requirement is

specified - the deviation from the theoretical grade line shall not be

more than ±0.04 foot; that is, about ±1/2 inch. A better way Of spec-

ifying a runway can be suggested, and for this purpose, figure 5 is

presented. By mathematical manipulation of the power spectra shown

previously, the average peak amplitude o' of the roughness within

any given horizontal distance Z can be determined. Such calculations

have been made for three of the runways previously discussed. Unfor-

tunately, this type of calculation was not possible for runway X

because of certain limitations in the available data.

The derived curves for the commercial runway and the Langley

landing-loads track are in close agreement with the actual specifica-

tions used for their construction. In the case of the commercial run-

way the calculated peak amplitude over 10 feet is 0.005 foot, which

corresponds very closely with the 1/8-inch deviation from a 10-foot

straight edge which was specified. In the case of the landing loads

track, the calculated pesk amplitude is practically constant and corre-

sponds closely with the constructionspecificatlon which limited the

deviations to ±1/8 inch from a given level surface throughout the entire

length of the pavement.

The foregoing results suggest some new criteria for runway smooth-

ness. Since a well-defined band of critical wave lengths exists, it

must be taken into account by the specifications. Thus, deviations

from a straight line must be limited over a length of 17 feet and over

a length of 150 feet. In order to maintain control over the interme-

diate wave lengths, deviations over a length of 80 feet are also speci-

fied. As a specification for new construction, the commercial runway

can be used as a guide, at least up to a length of 80 feet. At 150 feet

a greater degree of smoothness should be obtainable so that a value

closer to that of the Langley landing-loads track is specified. The

values chosen for new construction are shown in figure 5 by the circles

and are tabulated in terms of maximum deviation from a straight edge,

in fractions of an inch. Over a 17-foot length, the maximum deviation

20' should not exceed 5/32 inch; over an 80-foot length, the limit is
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9/52 inch; and over a 150-foot length, the deviation should not exceed

11/32 inch.

Also needed is a guide to determine when a runway should be

repaired. Working back from the airline data and the complaints

regarding runway X has led to the conclusion that repairs are indi-

cated when the deviations become about twice as large as those speci-

fied for new construction. The power spectra corresponding to these

requirements are indicated by the two dotted lines superimposed on the

spectra shown previously (fig. 6).

One last point should not be overlooked. Since airplanes spend

about 80 percent of their taxi time on taxiways, it will be of little

help to improve runways unless taxiways are similarly improved. It

is therefore suggested that taxiways be built and maintained to the

aforementioned specifications, with one exception. Since operation on

taxiways will generally not be at the high speeds used on runways, the

150-foot requirement may be waived without detriment.

It goes without saying that the practice of using old abandoned

rough runways as taxiways should be discouraged.
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FLIGHT STUDIES OF PROBLEMS PERTINENT TO LOW-SPEED

OPERATION OF JET TRANSPORTS

By Jack Fischel, Stanley P. Butchart, Glenn H. Robinson,

and Robert A. Tremant

NASA High-Speed Flight Station

SUMMARY

Flight studies have been made of the low-speed operational regime

of jet transports in order to assess potential operating problems. The

study was performed utilizing a large multiengine jet airplane having

geometric characteristics fairly representative of the jet transports;

however, to insure general applicability of the results, the aerodynamic

characteristics of the test airplane were varied to simulate a variety

of jet-transport airplanes.

The specific areas investigated include those of the take-off and

landing, and the relation of these maneuvers to the 1 g stall speed and

stalling characteristics. The take-off studies included evaluation of

the factors affecting the take-off speed and attitude, including the

effects of premature rotation and of over-rotation on ground run

required. The approach and landing studies pertained to such factors

as: desirable lateral-directional damping characteristics; lateral-

control requirements; space-positioning limitations during approach

under VFR or IFR conditions and requirements for glide-path controls;

and evaluation of factors affecting the pilot's ichoice of landing speeds.

Specific recommendations and some indication of desirable charac-

teristics for the jet transports are advanced to alleviate possible

operational difficulties or to improve operational performance in the

low-speed range.

INTRODUCTION

There has been considerable speculation on the feasibility of

extending current piston-engine transport operating techniques to the

jet transport, both in the low- andthe high-speed range. An investi-

gation of the high-speed flight regime is reported in reference 1. In

the low-speed flight regime, the specific areas of interest have per-

tained to take-off and landing, as outlined in table I. With regard to
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\
the first item listed, somequestions have been raised concerning the
magnitude of take-off speed as related to the stallspeed, the length
of take-off run normally required for various loading conditions, and
the effects of early rotation or over-rotation on the take-off run.
The questions regarding the second item listed, airplane approach and
landing characteristics, involve several factors pertaining to aircraft
requirements and limitations, such as: lateral-directional damping
requirements; lateral-control requirements; limitations on space-
positioning during the landing approach under either VFR (visual flight
rules) or IFR (instrument flight rules) conditions; requirements for
use of glide-path controls; approach and landing speeds, and the factors
affecting the pilot's choice of these speeds.

To investigate these aspects of take-off and landing, a flight
study was performed at the NASAHigh-Speed Flight Station, utilizing a
large multiengine jet airplane having geometric characteristics fairly
representative of the jet transports. The test airplane had 35° swept
wings of aspect ratio 7.1 and swept tail surfaces (fig. 1). For test
purposes the airplane was equipped with a nose boomto measure airspeed,
altitude, and directional flow angles. To simulate the aerodynamic
characteristics of a variety of Jet transport airplanes, various amounts
of lateral-control power, glide-path control, and lateral-directional
dampingwere utilized under conditions that might be encountered during
transport operation in the low-speed flight regime.

SYMBOLS

a n

b

CD

Cm

CN

Fa

Fe

F r

normal acceleration, g units

wing span, ft

drag coefficient

pitching-moment coefficient

normal-force coefficient, anW/qS

lateral-control force, lb

longitudinal-control force, lb

rudder-pedal force, lb
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q

r
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T¢=lOO

V

Vi

Vs

V/Vs

W

y'
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height above runway, ft

pressure altitude, ft

stabilizer deflection, deg

period of lateral-directional oscillation, sec

roll rate, deg/sec or radians/sec

wing-tip helix angle, or lateral-control parameter, radians

dynamic pressure, lb/sq ft; pitching velocity, radians/sec

yawing velocity, radians/sec

airplane wing area, sq ft

time for lateral-directional oscillation to damp to

1/2 amplitude, sec

time for lateral-directional oscillation to double ampli-

tude, sec

time to change bank angle i0 °, sec

true velocity (except in ratio V/Vs) , ft/sec

indicated calibrated airspeed, knots

indicated stall speed (from manufacturer's flight handbook),

knots

ratio of indicated airspeed to indicated stall speed

airplane weight, ib

horizontal displacement of airplane from runway center line

extended, ft

indicated angle of attack, deg

indicated angle of sideslip, deg

elevator deflection, deg
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flap deflection, deg

rudder deflection, deg

DISCUSSION

Basic Aerodynamic and Stalling Characteristics

In the landing or take-off maneuver, the imminence of heavy buf-

feting, stalling, or other deleterious characteristics will require

operational limitations to avert possible hazardous regimes or will

impose additional requirements for safety of operation. Inasmuch as

both landing and take-off speeds have been related to the Ig stall speed

and stall characteristics of the unswept-wing piston-engine transports,

the stall characteristics of the jet transports should be examined in

the same light. Figures 2 and 3 illustrate the stalling and flight-

determined aerodynamic characteristics of the test airplane in the take-

off or approach configuration with a 30 ° flap deflection for a normal

mid-center-of-gravity position and a wing loading of 68 pounds per

square foot. Initial buffet occurred very near the peak value of normal-

force coefficient attainable. This was followed by a mild pitch-up, as

shown by the appreciable increase in angle of attack with no additional

control input and even with a reversal of control force and deflection.

Increased buffeting accompanied this phenomenon. It can be seen that

the pitching-moment-coefficient curve approaches neutral stability in

the pitch-up region; however, the pitching rates experienced during

pitch-up were quite mild, and there was no tendency to roll off on one

wing. Recovery was easily accomplished by applying power and relaxing

the back pressure on the control column. As would be expected for any

swept-wing configuration, the drag coefficient increased rapidly with

increase in angle of attack; the magnitude of drag at _i = I0° to 12 °

was almost double that at _i = O° to 2° .

A significant item to be noted from the data presented in figures 2

and 3 is the determination of the stall speed - defined by the occur-

rence of maximum airplane normal-force coefficient at a ig condition -

which occurred at an indicated speed of 123 knots and at a moderate

angle of attack. A lower, but unusable, speed - approximately

114 knots - was attained in this maneuver by increasing the angle of

attack beyond that for wing flow separation in the region where drag

increased rapidly despite the decrease in wing lift and the airplane

was at a condition of less that ig and losing altitude. To illustrate,

the sink rate attained in this maneuver at the minimum speed point was

of the order of 2,500 feet per minute. Therefore, it is recommended
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that the stall speed for the jet transports be based on maximum normal

force or maximum lift as defined by wing stall, inasmuch as lower speeds

attainable beyond this point are not usable closeto the ground.

It should be noted that the stall speed as defined by this crite-

rion is significantly higher than that specified in the manufacturer's

flight handbook (V s _ 103 knots for the conditions specified in figs. 2

and 3). However, in order to discuss the take-off and landing evalua-

tion on a basis compatible with existing and more familiar criteria,

manufacturer's flight handbook values of stall speed are used as a

reference in the remainder of this paper.

Factors Affecting Take-0ff

In evaluating the factors affecting the take-off problem, items of

primary concern are the length of runway required and the ratio of take-

off to stall speed for the diverse loadings and operating conditions to

be encountered in normal airline operation. Although the present study

did not encompass all the conditions encountered in airline operation,

several pertinent factors were evaluated. Figure 4 illustrates two

take-offs of the test aircraft at essentially the same loading condi-

tions. The solid lines show a normal take-off in which the nose wheel

was lifted clear of the ground at about 5 knots below take-off speed.

Subsequent to lifting of the nose wheel, the angle of attack increased

rapidly and the airplane lifted off the ground. The dashed lines illus-

trate an early-rotation take-off, wherein the airplane was rotated at

about the handbook stall speed V s and an appreciable angle of attack

was attained. After a few seconds the decrease in acceleration

resulting from the increase in drag was quite noticeable to the pilot,

so he relaxed his pull on the control column and the angle of attack

decreased to allow improved acceleration. Several knots below the take-

off speed, the aircraft was again rotated and it became airborne at a

moderate angle of attack. In both instances, the angles of attack

attained were below that for wing-flow separation. It is obvious that

the take-off involving early rotation required more time and involved

a greater take-off distance than a normal take-off. In contrast to

the present piston-engine transports, which almost fly themselves off

the ground with little rotation, it was found that swept-wing aircraft

required rotation to become airborne.

A summary of the effects of early rotation during several take-off

runs is shown in figure 5 as the variation of nose-wheel lift-off speed

and airplane take-off speed, expressed as a fraction of Vs_ plotted

against take-off distance for a wing loading of 86 pounds per square

foot. Each rectangular area shown here represents a grouping of several

test points. It will be noted that normal nose-wheel lift-off occurred
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near 1.2Vs, with airplane lift-off occurring at a slightly higher speed

after a take-off run of about 6_800 feet. By contrast, early nose-wheel

lift-off occurred below 1.OVs, with airplane lift-off occurring near

1.3V s after a much longer take-off run of about 9,000 feet. One point

to note is the magnitude of the take-off distances recorded as compared

with the length of existing runways at major airports throughout the

United States (shown by the cross-hatched area at the bottom of fig. 5).

For the early-rotation take-offs discussed, it is obvious that the air-

plane would not have become airborne before running off the end of the

runway at several of these airports. No attempt was made to determine

minimum take-off speed or distance; however, it was ascertained that

take-off at a slightly higher speed than normally used facilitated a

more rapid rate of climb and an impression of better handling character-
istics, but required longer take-off distances.

The effect on take-off ground run of over-rotating the airplane

even during a normal-type take-off can also be serious because of the

excessive drag accompanying the use of large angles of attack. This

effect is illustrated in figure 6 for W/S =lll pounds per square foot

and 5f = 40 ° . The open circle showed where the airplane lifted off

after a normal-type take-off at 9,500 feet. For the solid circle, take-

off speed was attained at the same point as for normal rotation, but

due to an over-rotation of about 2 ° to 3°, and after essentially main-

taining this attitude, the airplane became airborne at a slightly higher

speed and after an additional 3,500 feet of ground run.

Inasmuch as the pilot does not have a sufficiently accurate indica-

tion of airplane attitude once the nose wheel is off the ground, an angle-

of-attack indicator was installed in the cockpit and used during some of

these tests. The pilot found this indicator to be quite beneficial

when coordinated with the other instrumentation, and it enabled him to

attain proper take-off attitude at reasonable speeds below his intended

take-off speed, and to avoid the large angles of attack that produce

major increases in drag. He also found the angle-of-attack indicator

useful for maintaining proper attitude for climb-out.

In general, if early nose-wheel lift-off is effected and the air-

plane is rotated to an appreciable attitude, a noticeable decrease in

longitudinal acceleration is experienced with an attendant increase in

the take-off distance; whereas, if the airplane attitude is maintained

at a low angle until just a few knots below take-off speed, the acceler-

ation to the take-off point and the take-off distance are not materially

affected. However, without the use of some instrument such as an angle-

of-attack indicator, the pilot does not have a sufficiently accurate

indication of airplane attitude once the nose wheel is off the ground,

and significant increases in take-off distance can result from over-
rotation.
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Approach and Landing Characteristics

Because of the appreciable dihedral effects exhibited by swept-

wing aircraft, particularly at low speeds, and the slow rotational

speeds encountered in this speed regime, it was felt that the dynamic
lateral-directional characteristics and lateral control available would

measurably affect the approach and landing characteristics of the swept-

wing transports. To determine the desirable or usable levels of lateral

control and yaw damping for the approach and landing regime, preliminary

studies were made at low altitude to document the control and damping

characteristics, and these characteristics were then evaluated in

approach and landing maneuvers.

Dynamic lateral-directional characteristics.- In evaluating the

lateral-directional characteristics, the test airplane was initially

investigated without damper augmentation and with normal damper gain.

In order to investigate the handling characteristics with significantly

worse damping than that produced by the basic airframe, tests were also

made with reversed damper setting. The dynamic lateral-directional

ch_acteristics of the test airplane for three yaw-damper gain settings

and two flap configurations are shown in figure 7 as variations with

indicated airspeed of the period of the oscillation and the time to

damp the oscillation to half amplitude or to double the amplitude. It

can be seen that the various damper settings had a slight effect on the

period of the oscillation at all speeds and thereby slightly affected

the apparent stability. Also, the basic aircraft exhibited essentially

undamped (or neutrally damped) characteristics after an initial disturb-

ance, whereas the reversed damper setting caused the lateral-directional

oscillations to be highly divergent at all speeds. Although use of a

dynamically unstable airplane is highly unlikely, reversed damper

settings were used to determine minimum levels of stability which could

be tolerated in emergency conditions.

In general, the basic airplane performed well in smooth air and did

not present a problem from the viewpoint of lateral-directional dynamics.

However, the pilots considered use of a yaw damper necessary, particu-

larly after a course correction or in rough air where the high dihedral

effect produced an appreciable amount of rolling when a directional

oscillation was experienced. Since the period of the oscillation was

reasonably long, it was possible to control the airplane in rough air

with damper off and with damper reversed; however, with damper reversed

much effort and cross-control coordination by the pilot were necessary

and would result in considerable discomfort to passengers. For even

the most divergent conditions investigated, the aircraft characteristics

would not constitute an emergency condition at these low speeds.
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Lateral-control characteristics.- Since the requirement for low-

speed maneuvering is far more stringent than for high-speed maneuvering,

it is felt that the low-speed regime will generally dictate the lateral-

control requirements of the jet transport. Inasmuch as civilian require-

ments are not as specific as military requirements with regard to desir-

able control levels, it was thought that a measure should be made of
lateral-control levels in terms of some criterion. To determine the

suitability of various levels of lateral control, the test airplane was

evaluated with several combinations of conventional trailing-edge ailer-

ons and either inboard spoilers, outboard spoilers, or both sets of

spoilers. Figure 8 presents a summary of the lateral control available

with full control deflection for each of two flap configurations with

the test airplane, and these results are presented in terms of several

possible control criteria. The solid lines represent the rolling power

when full ailerons and spoilers are used, and the dashed lines represent

the rolling power when ailerons alone are used. With ailerons and

either inboard or outboard spoilers available, the rolling character-

istics are about midway between the solid and dashed curves shown. Com-

parative data for the B-47A airplane, which utilizes ailerons and flap-

erons for control power in the landing configuration, are presented on

the right of figure 8. The improved roll performance of the test air-

plane with the spoiler-aileron combination as compared with that avail-

able with ailerons alone is readily apparent_ regardless of the roll

criteria used. The rolling power available with spoilers and ailerons

on the test airplane and with controls on the B-47A, in terms of maxi-

mum roll rate and pb/2V, appears similar and also exceeds military

specifications for such large aircraft, whereas the rolling power of

the ailerons alone on the test airplane does not meetVmilitary specifica-

tions. However, even these high levels of lateral control produced on

both airplanes appeared somewhat marginal in rough air during the final

phases of landing, where small changes in bank angle are generally

required and aircraft response becomes most important. The rolling

power of the test airplane was appreciated by the pilot more than that

of the B-47A because of its greater roll acceleration, as shown by com-

paring the plots of time to roll i0 °, and also because the control-

wheel rotation involved with full control deflection was appreciably

less than on the B-47A. For the large transport-type airplane, it is

felt that a suitable roll criterion for the landing configuration would

be a specification for a given change in bank angle - such as i0 ° -
within a finite time.

Space-positioning studies and evaluation of glide-path controls.-

To determine the limits of aircraft controllability for performing the

landing approach maneuver, both under VFR and ILS conditions, space-

positioning studi_ were performed with the test airplane, utilizing

various control techniques and various aircraft characteristics. Com-

binations of ailerons and spoilers were used to provide lateral control,
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the lateral-directional damping was varied by appropriate damper

settings, and various amounts of symmetrical spoiler projection were

used as speed brakes to provide added control over the glide slope.

Figure 9 shows a perspective of the space-positioning and landing-

approach area used, extending from the outer marker to the runway, and

the relation of this area to the runway. Beginning at the outer marker,

which was 5 miles from the end of the runway, VFR approaches were

attempted from various lateral displacements up to 6,000 feet from the

runway center line extended, and from various vertical displacements

up to 3,500 feet above the runway surface. When ILS approaches were

evaluated, the lateral displacement limits were only 3,000 feet because

this was the limit of the range. For all approaches, the airplane bank

angle was limited to a maximum value of 30 °.

For either visual or instrument conditions, the lateral control

available with ailerons alone or ailerons and spoilers was adequate to

permit normal landing approaches from any laterally displaced position

at the outer marker up to the limits tested; however, when the spoilers

were not available for use as glide-path controls, vertical displace-

ments up to -_ _.....j abo_t 3j,_J_ feet could be used.

The various magnitudes of lateral-directional damping used had

essentially no effect on the space-positioning limitations determined.

Essentially similar effects were experienced with the basic and the

positively damped airplane_ however, pilot effort and control movement -

particularly rudder control - exhibited a threefold increase when a

reversed damper setting was used. (See figs. i0 and ii.) It is

believed that much of this pilot effort and pedal force resulted from

rudder-force feedback.

In all cases investigated, the airplane was maneuvered onto the

glide slope from various vertical and lateral displacements before it

was about 2 to 3 miles from the end of the runway. The use of glide-

path controls (spoilers) made this task especially easy; but produced

buffet similar to stall buffet at extremely low speeds. From the pilot's

viewpoint, the use of glide-path controls in conjunction with higher

throttle settings was more desirable for approach control than the tech-

nique of lower throttle settings with no glide-path control available.

Further study of speed brakes for glide-path control in a penetration-

type landing approach revealed that the time required from a 20,000-foot

altitude to touchdown could be reduced by approximately 1/3 through the

use of glide-path controls. (See fig. 12.)

When performing the landing approaches under ILS conditions; the

pilot felt he was using the controls and working to a greater extent

than when operating under VFR conditions from comparable positions at

the outer marker; however, the flight records did not support this
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contention. Also, the flight speeds in IFR approaches were more nearly

constant but of the same order of magnitude as during VFR approaches.

Final approach and touchdown.- In the final phases of the approach,

the piloting technique for control of airspeed and altitude was grad-

ually changed so that the throttle was used for altitude control and

the elevator was used for control of airspeed. This technique became

mandatory as the touchdown was approached and provided adequate control

of the aircraft rate of descent. Although the controllability problem

was not evaluated up to the present weather minimums of 200 feet at

1/2 mile from touchdown, the altitude at the i/2-mile point (which was

generally about 12 seconds from touchdown) ranged up to 128 feet with

accompanying sink rates up to i,i00 feet per minute. Also, despite the

fact that the vertical velocity at touchdown ranged as high as 7_ feet

per second, most touchdowns were performed at a rate of descent of less

than 3 feet per second. These values of time, vertical velocity, and

altitude, near touchdown, emphasize the range of controllability

required for such large aircraft. As might be anticipated, the rates

of descent and the altitude levels in the approach and landing were con-

siderably lower under ILS flight conditions than under visual approaches.

The level of airspeeds utilized during the approach and touchdown

under VFR conditions is shown in figure 13 for a flap deflection of 50 ° .

At the i/2-mile point, represented by the open symbols, the airspeeds

generally were in the range of 1.45V s to 1.55V s because of the improved

longitudinal and lateral controllability as compared with lower speeds.

At touchdown, represented by the solid symbols, the airspeeds were in

the range of 1.27V s to 1.37V s and in the "bucket" of the drag curve

where the lift-drag ratio was essentially maximum. The imminence of

buffet and more difficult control of sink rate at lower speeds influ-

enced the choice of these touchdown speeds. During ILS approaches, a

smaller Tlap deflection was maintained nearer to touchdown than for

VFR conditions. At the i/2-mile point, the level of airspeed was gen-

erally about 1.4V s to 1.45Vs, and the pilot preferred to maintain the

smaller flap deflection and this airspeed until he established visual

contact to insure a better go-around capability. Thereafter, additional

flap deflection was added and the speed was decreased in the flare.

Although it was possible to perform the approach and landing with

a constant stabilizer trim setting without encountering elevator con-

trol forces greater than about 20 pounds, the pilot found it more com-

fortable to use the stabilizer to reduce the control forces, maintaining

just sufficient force to provide control feel. Lateral-directional

damping had essentially no effect on the pilot's ability to perform the

landing maneuver; however, greatly increased effort and concentration

were required for the dynamically divergent damper configuration, as

previously mentioned. In the final stages of landing, the level of

Q



71

lateral control produced by ailerons alone appeared inadequate because

of the requirements for compensating for cross-wind effects. With the

lateral control power of the ailerons and spoilers, control was marginal

in rough air because of the time required to raise a low wing in the

proximity of the runway. With cross winds of the order of 12 to

15 knots, a significant amount of lateral control up to the maximum

available was utilized during landing and after touchdown.

In performing landings with appreciable cross.winds, a crabbed

heading into the wind could be maintained to touchdown, but the pilot

found this uncomfortable. Using the crabbed heading up to the 1/2-mile

point and then performing a slight sideslip to maintain the flight path

to touchdown proved to be a better technique.

CONCLUSIONS

An investigation of the low-speed operational area of large jet

transport airplanes resulted in the following conc!_sions and
recon_nendations:

I. Stall speed should be based on maximum airplane lift at a ig

condition, inasmuch as minimum speeds attainable only with attendant
high sink rates are not realistic.

2. Early nose-wheel lift-off and rotation of the airplane to appre-

ciable values of angle of attack or over-rotation at the proper take-

off speed produced increases in take-off distance which could affect

the success of the take-off. An angle-of-attack indicator helped the

pilot attain proper airplane attitude at take-off speed so that optimum

take-off and climb-out could be accomplished and large angles of attack

that produce considerable drag could be avoided.

3. Space positioning under VFR conditions from various realistic

final-approach positions can be limited by inadequate glide-path con-

trol, but was not limited by the minimum levels of lateral-control power

and lateral-directional damping of the investigation.

4. Approach speeds at 1/2 mile from touchdown were about 1.45V s to

1.55V s (where V s is handbook stall speed) because of the improved

longitudinal and lateral controllability as compared with lower speeds.

Imminence of buffet and more difficult control of sink rate at lower

speeds influenced the choice of touchdown speeds; these speeds ranged

from 1.27V s to 1.37Vs, which corresponded to near-maximum lift-drag

ratio.
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5. Lateral-control power will be dictated by the requirements of
the landing maneuverbecause of the high dihedral effect and low
response rates. It is felt that a suitable criterion for adequate lat-
eral control in the landing configuration would be a specification for
a given change in bank angle - such as i0 o - within a finite time.

6. Although lateral-directional dynamic instability within the
limits investigated could be controlled during approach and landing
because of the reasonably long period of the oscillation, this condi-
tion should be considered for emergencyuse only, and positive damping
is recommended,especially in turbulent air.
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SOME POSSIBLE DEVELOPMENTS IN VTOL TRANSPORT AIRCRAFT

By Marion 0. McKinney, Jr.

Langley Research Center

INTRODUCTION

The purpose of this paper is to give the reader some "feel" for

the types of vertical-take-off-and-landing (VTOL) transport aircraft

that might be developed in the future. A discussion is included of

three types of VTOL aircraft that are now undergoing extensive research

and development and have already undergone flight tests in the flying-

test-bed stage. Some speculations on the extrapolation of these three

general types of VTOL aircraft to possible future transport aircraft

are presented and some figures on physical characteristics and perform-

ance are given to indicate what the VTOL feature might cost. It should

be emphasized that this paper is not intended to be an all-inclusive

presentation covering every possible type of VTOL aircraft and every

field of application but is intended only to give the reader some

background for anticipating possible developments in the field.

UNLOADED ROTOR CONVERTIPLANE CONFIGURATION

The unloaded rotor convertiplane has received considerable atten-

tion over the past few years and a fl.ight-test vehicle, the McDonnell

XV-1, has been flight tested throughout the entire range of operations.

A photograph of the XV-1 is shown in figure 1. It has a helicopter-type

rotor driven by pressure jets for use in hovering and low speed flight

and has a fixed wing and pusher propeller for cruising flight. In

hovering flight all the power is applied to the rotor, and the machine

is essentially a helicopter. In cruising flight all the power is

applied to the propeller, and the rotor autorotates and supplies only

about 15 percent of the lift while the wing supports most of the weight.

In the transition condition between hovering and cruising flight, power

is gradually shifted over from the rotor to the propeller, or vice versa.

The unloaded rotor configuration is already being developed into an

operational transport in England as the Fairey Rotodyne which is shown

in figure 2. This machine, which Fairey calls the "First VTOL Airliner/'

can seat up to 48 passengers. It is powered by two Napier Eland engines,

of about 3,500 horsepower each, which drive either the tractor propellers

or air compressors that provide compressed air to the pressure jets on
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the rotor tips. The Rotodyne is evidently intended for a dual mission.

One mission is to serve as a feeder-line transport to provide service

to small communities which have no airport suitable for the operation

of conventional transport airplanes. The other mission is to provide

rapid transportation between city centers up to several hundred miles

apart by operating from downtown heliports rather than from the more

remote airports required for conventional airplanes. For example, the
time between downtown air terminals in London and Paris is about four

hours by Viscount and would be about two hours by Rotodyne.

One question that always comes up in connection with VTOL aircraft

is, how much extra is the VTOL feature going to cost. Some idea of the

cost for this type of aircraft might be gainedby comparing the

Rotodyne with the Fairchild F-27 transport which is shown in figure 3.

The F-27 is a very modern feeder-line transport with good short-field

performance and is of a size directly comparable with the Rotodyne.

It should be possible therefore to get a fairly accurate direct compari-

son of the VTOL and conventional transport. Some pertinent figures for

comparison are given in table I. The data for the F-27 were taken from

"Aviation Week" and those for the Rotodyne from the "Aeroplane." These

data show that the Rotodyne is slightly heavier, has a lower cruising

speed, and has a shorter range with the same payload than the Fairchild

airplane. It is evident that the operating cost of the heavier, more

powerful, and more complicated VTOL aircraft will be greater than that

of the conventional transport. The advantage of the VTOL machine must

therefore come entirely from the VTOL feature itself and must offset

its poorer performance and higher operating cost. In this case it

would seem that, except in the case of routes over water, the Rotodyne

type machine is not so much in competition with conventional feeder-

line transports as it is in competition with surface transportation

over routes for which air transportation is not now competing or is

not competing successfully. An example of such use is operation over

short distances between large cities such as New York and Philadelphia

where the travel time to the airports makes air transportation slower

than surface transportation or over routes from big city airports to

smaller surrounding communities not now served by air transportation.

PROPELLER-POWERED VTOL

The tilting-wing-and-propeller VTOL configuration is a very attrac-

tive configuration that is receiving considerable attention from a num-

ber of aircraft manufacturers. A flight-test vehicle of this general

type, the Vertol 76 airplane, is shown in figure 4. In this configura-

tion the wing is at approximately 90 ° incidence for take-off and landing
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and is rotated slowly to approximately 0o incidence in making the

transition to normal forward flight. With the wing at 0° incidence

the aircraft is essentially a conventional airplane. This machine has

already been flown in hovering flight, has made vertical take-offs and

landings, and has repeatedly made the transition from hovering to nor-

mal forward flight and back to hovering.

No actual VTOL transport airplane of this type is either built or

under construction. Some idea of how a VTOL transport based on this

principle might look, however, may be gained from figure 5 which

shows a drawing of a transport design by one of the aircraft manufac-

turers. This design has four large propellers driven by turboprop

engines and has auxiliary jet engines at the rear of the fuselage for

pitch control in hovering flight. The artist has indicated the opera-

tion of the airplane from a heliport located on a pier over water near

the center of a city. This type of facility might offer an interesting

solution to a number of the operating problems of such an aircraft.

The cost of the VTOL feature in this class of airplane is indi-

cated in table II. The data in the right-hand coiu_qqn present some

calculated characteristics of a hypothetical VTOL transport and those

in the left-hand column present the calculated characteristics of a

conventional turboprop transport laid out to carry the same payload

for the same distance. Since it was necessary to use calculated char-

acteristics for the VTOL transport, it seemed fairer to compare them

with calculated figures for a hypothetical conventional transport based

o_ the same estimation procedures than to compare them with the actual

characteristics of a real airplane. This comparison shows that the

VTOL transport required to carry a payload of 50 passengers and their

baggage for a range of 900 nautical miles at a cruising speed of

400 knots is about 25 percent heavier and has twice the horsepower of

a conventional transport designed for exactly the same mission. The

additional power and larger propellers of the VTOL airplane are

reflected in its greater empty weight; and the additional gross weight

and the somewhat lower propeller efficiency of the oversize propellers

of the VTOL airplane are reflected in the additional fuel required.

From these data it is apparent that the operating cost of the VTOL

transport would be greater than that of the conventional transport

because of the greater initial cost and maintenance cost of the heavier,

more complicated, and more powerful machine and because of the greater

fuel usage of the VTOL airplane. Since this propeller-powered VTOL

transport has performance directly comparable with that of a conventional

propeller-powered short-haul transport, it can offer considerably faster

service between the downtown areas of cities by operating from close-in

heliports. This faster service, together with savings in the cost of

transportation to and from the airport, may largely offset the higher

operating cost of the VTOL airplane.
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JET-POWERED VTOL

For a transport airplane a horizontal fuselage attitude seems to

be essential. A horizontal-attitude Jet VTOL test vehicle which has

already been flown in both hovering and normal forward flight and has

successfully performed the transition between these conditions is the

Bell X-14 airplane shown in figure 6. This machine is powered by two

Armstrong Siddely Viper turbojet engines mounted horizontally in the

lower forward part of the fuselage. The exhaust of these engines is

turned directly downward beneath the center of gravity by means of

thrust-diverter vanes to provide the lift for hovering flight. The

thrust-diverter vanes are rotated to divert the exhaust backward at

progressively larger angles during the transition until the aircraft

is wing-borne and the exhaust is directed straight rearward for normal

forward flight as a conventional jet airplane. Control in hovering

flight is provided by controllable compressed air Jets at the wing tips

and tail.

Most of the design studies that have been performed for Jet VTOL

transports have involved a very long step to the case of a supersonic

transport. The results of one such design study which has received

considerable publicity is the Rolls Royce design shown in figure 7.

With a supersonic transport the static thrust of the engines required

to propel the airplane in the cruise condition is far less than the

weight of the airplane; thus, it seems desirable to make up the defi-

ciency in thrust with a number of special lightweight lifting engines

arranged along the side of the passenger compartment. These lifting

engines would probably be relatively small, since the best engine

specific weight is obtained with fairly small engines, and would

probably be turbofan engines with a bypass ratio of about 5 to keep the

noise and exhaust velocity relatively low. Even with s_ch engines,

however, the noise and the tremendous energy in the exhaust of this

large number of engines would undoubtedly constitute formidable problems.

In order to obtain some indication of the cost of the VTOL feature

in this class of airplane the two transports indicated in figure 8 were

laid out. They were both laid out for a cruising speed of M = 3, a

gross weight of 400,000 pounds, and a payload of 120 passengers and

their baggage. The sketch at the top shows a supersonic configuration

designed for normal take-off and landing. This configuration has a wing

loading of 65 pounds per square foot which will permit landings at the

same speeds as current subsonic Jet transports, and it requires 7

engines of a certain size for propulsion in the cruise condition. The

lower sketch shows a VTOL configuration with 44 lifting engines located

along the side of the fuselage and 6 propulsion engines located in wing-

tip nacelles which can be tilted to a vertical position for take-off and
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the size of the wing could be made the optimum size for the supersonic

cruise condition which, in this particular case, gave a wing loading

of llO pounds per square foot.

Some of the estimated characteristics of these two configurations

are shown in table III. They were laid out for the same gross weight

and payload, and they have essentially the same empty weight and fuel

load and range. The fact that the VTOL configuration has the same

empty weight as the conventional configuration in spite of all the

lifting engines is, at first, surprising. The three primary factors

that enter into this weight picture are that the VTOL configuration has

2,500 square feet less wing area, it requires one less propulsion engine,
and it has a much lighter landing gear. The lower landing-gear weight

is in line with estimates made by aircraft manufacturers working in the

VTOL field; howeven_ since the landing gear is not designed for high-
speed rolling rake-offs and landings, it probably will be necessary to

devise new ground handling procedures to take advantage of this possi-

bility of weight saving.

The main point brought out by table iiI is that for this class of

airplane (the supersonic jet transport) the VTOL airplane is about the
same size as the conventional airplane designed for the same mission.

The VTOL airplane, however, will obviously be more expensive in initial
cost and maintenance because of the lifting engines.

CONCLUDING REMARKS

In conclusion it might be pointed out that VTOL transports seem to

be technically feasible and can have good enough performance to be con-

sidered for commercial operation, but there is considerable research

and development, particularly full-scale flight research to be done

before such aircraft can seriously be considered for commercial opera-

tion. It also seems that VTOL transports will have higher operating

costs than conventional transports. Whether the increased utility of
the VTOL aircraft will offset the increased cost and in what fields of

application is an open question at the present time.
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TABLE I

FEEDER- LINE TRANSPORTS

GROSS WEIGHT, LB

CRUISING SPEED, KNOTS

RANGE,* NAUT. MI.

FAIRCHILD
F-27

35,700

230

430

* WITH 40 PASSENGERS, BAGGAGE, AND RESERVES.

FAIREY
ROTODYNE

39,000

160

260

TABLE II

SHORT-HAUL TURBOPROP TRANSPORTS

GROSS WEIGHT, LB

EMPTY WEIGHT, LB

FUEL WEIGHT, LB

PAYLOAD,* LB

HORSEPOWER

CRUISING SPEED, KNOTS

RANGE (WITH RESERVES), NAUT. MI.

CONVENTIONAL

47,000

27,700

8,800

io,5oo

8,000
400

9OO

*WITH 50 PASSENGERS AND BAGGAGE

VTOL

6%000
38,000

_o,7oo
_o,5oo

16,000
40O

90O



TABLE III

SUPERSONIC TRANSPORTS

PAYLOAD, LB

EMPTY WEIGHT, LB

FUEL WEIGHT, LB

RANGE (NO RESERVES), NAUT. MI.

CONVENTIONAL

26,000

16_ooo

20_000

_7oo

VTOL

26,000

_58,000

208,000

3,800
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ROLLS ROYCE SUPERSONIC VTOL TRANSPORT

Figure 7

kY

SUPERSONIC TRANSPORTS

CRUISING SPEED, M =3.0
GROSS WEIGHT = 4.00,000 LB
PAYLOAD = 120 PASSENGERS

CONVENTIONAL

W/S =65 LB/SQ FT

7 ENGINES

Figure 8

VTOL

W/S = I10 LB/SQ FT

6 PROPULSION ENGINES

44 LIFTING ENGINES



TURBOPROP VTOL TRANSPORT 

BELL X - 1 4  

Figure 6 
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USE OF FLIGHT SIMUIATORS FOR PILOT-CONTROLPROBI/_4S

By George A. Rathert, Jr., Brent Y. Creer,

and Joseph G. Douvillier, Jr.

Ames Research Center

SUMMARY

Comparisons have been made between actual flight results and results

obtained with fixed and moving flight simulators in a number of phases

of flying airplanes with a wide range of characteristics. These results

have been used to study the importance of providing motion stimuli in a

simulator in order that the pilot operate the simulator in a realistic

manner. Regions of airplane characteristics where motion stimuli are

either mandatory or desirable are indicated.

INTRODUCTION

Since real flying is becoming more complicated and expensive, it is

necessary to look to flight simulators for an economical means to train

pilots and give them realistic practice to maintain their proficiency.

Such simulators are finding increasing use in aeromedical research, air-

plane and systems design_ and training; however, they vary widely in

type - from a man on a chair in front of an oscilloscope to multimillion-

dollar centrifuges. For example, there are two types of training simu-

lators. One, called a procedure trai_er, is an exact duplicate of an

existing cockpit and is used chiefly to teach instrument layout and spe-

cific operating procedures. The other, the type discussed herein, might

be called a proficiency trainer because its object is to give the pilot

realistic practice in operating the flight controls and in observing the

airplane response. Obviously, the value of this equipment to the pilot

beingtrained is greatly enhanced if the right type is chosen, that is,

the equipment which makes him use the same inputs and develop the same

responses that he would in actual flight. A number of factors which

affect this choice have been encountered in various research projects
which will be reviewed in order to discuss the extent of simulation

required to present certain flying tasks realistically.
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DISCUSSION

General Considerations

Figure i is a diagram of a typical pilot-operated simulator. The

solid-line upper portion shows the basic elements of the fixed simulator

and shows the pilot in a cockpit with controls he can move. These con-

trol motions are fed into a computer which computes the proper airplane

response and the corresponding display information which is then shown

to the pilot by the instruments in the cockpit. These visual cues from

the instruments are the pilot's only input.

The next stage of refinement is indicated in figure i by the dashed-

line lower portion. The computer supplies the computed airplane motions

to a device which provides motion cues in addition to the visual cues

from the instruments. This device can take several forms, with the most

common form being a servodriven cockpit or centrifuge which fully repro-

duces some combination of the correct angular and linear motions.

Another less complicated device is a restricted-travel cockpit which

supplies a much smaller initial movement but in the correct sense to

help the pilot's judgment. Also, there are fixed simulators enclosed in

spherical screens on which a moving outside world and horizon are pro-

jected. The pilot is given a strong visual illusion of motion like the

effect of Cinerama.

In each of these devices the principle is the same; that is_ the

pilot is shown the instrument display as it would be in actual flight,

and he is also placed under motion conditions that may or may not be

near those of flight depending on the'capability of the simulator. The

main problem in choosing a particular training simulator then is the

extent of completeness necessary to give the pilot the information he

needs to solve his flight problem. Typical questions that might arise

concern the extent that the motion stimulus affects the pilot's ability

to control bank angle or to damp out a pitching motion and the extent

that a given instrument display is influenced by the presence of a motion

st_ulus as well as by a visual stimulus.

Up to the present time these problems have been examined at the

Ames Research Center with the aid of three pieces of motion-simulation

equipment. In addition to using numerous production airplanes, variable-

stability airplanes have been used in flight to subject the pilot to all

six freedoms of motion over a wide level of oscillatory and steady-state

conditions. The pilot's capabilities in flight then have been compared

with those on various fixed simulators where no motion inputs are pres-

ent. Also, these tasks have been repeated with, to date, two degrees

of rotational motion of the cockpit (pitching and rolling). Although

this work is being extended to other more complete motion simulators,
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the present results have shown that the importance of motion input is

directly a function of the type of task presented to the pilot.

The various piloting tasks where comparisons have been drawn between

flight and simulators are landing approach, longitudinal dynamics, longi-

tudinal control, lateral dynamics, instrument presentation, and simula-

tion of particular airplanes. In some of these cases, motion inputs were

not necessary. In others, the motion cues were useful and helped the

pilot solve his problem more realistically. In still other cases the

use of a motion stimulus was mandatory; without it completely wrong or
reversed answers were obtained.

Landing-Approach Problem

The landing-approach problem is considered first. Approaches made

with the Instrument Landing System were simulated in a wide variety of

dynamically stable airplanes in order to study the factors affecting the

pilot's choice of approach speed. The scope of this work has been indi-

cated in a previous paper by Fred J. Drinkwater III, Maurice D. White,

and George E. Cooper. With regard to the simulator the situation is

fairly straightforward. In a landing-approach simulation the critical

piece of information that must be given to the pilot is his rate of sink.

This can be done by visual instrument alone and no motion inputs are nec-

essary. This does not mean that the pilot would not llke motion or use

it if given to him. It means that he can get by without it. Here and

elsewhere the emphasis is on the distinction between a mandatory stimulus
and a merely desirable stimulus.

The degree of correlation betweez actual flight and the fixed sim-

ulator is illustrated in figure 2. The speed chosen when performing

the approach on the simulator is shown plotted against the approach

speed chosen by the pilots in flight. This correlation was obtained

through tests covering 12 airplane configurations and several research

and service pilots. There are two qualifications: First, these tests

did not cover airplanes with unstable or significantly nonlinear aero-

dynamics in the landing-approach configuration; and second (a more gen-

eral qualification), in this and other simulator studies the pilots

found it valuable first to simulate an airplane that they had actually

flown recently so that they could get the feel of the simulator and then

calibrate themselves to build up their confidence. These results and

the others discussed were obtained following such a conditioning process,

and it appears to be an important step in getting the pilot's coopera-

tion and in using a simulator really successfully.
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Longitudinal Dynamics

In the study of longitudinal dynamics numerous studies of flying

qualities are made in which test pilots are asked to fly widely differ-

ent airplane configurations and rate the different combinations according

to their desirability. In doing this they fly various standard maneuvers

and perform such precision tasks as tracking and formation flying. By

comparing their ratings from flight and simulators, some insight is given

as to how well the simulator reproduces actual flight in these areas.

A typical result is shown in figure 3 which is a cross plot of

longitudinal-dynamic-stability parameters with the short-perlod frequency

plotted against the daaTping ratio. The solid-line curves show the

results of an inflight study made by the Cornell Aeronautical Laboratory

on a variable-stability airplane. The pilot has designated regions where

he regarded the short-period frequency and damping combinations as good,

acceptable, poor, and unacceptable. The broken lines show the results

of a similar study on a fixed simulator at Ames with different pilots.

The agreement between the two studies is good in the region of mod-

erate frequencies and good damping corresponding to present-day conven-

tional airplanes; therefore, the fixed simulator appears to be very real-

istic. At short-period frequencies above 0.6 cps, however, the simulator

becomes much easier to fly than the airplane and is obviously not real-

istic. Such a high natural frequency implies a rapid airplane response

to the controls, which then feed back to the pilot motions which become

increasingly difficult to cope with as the frequency increases and the

dazrping deteriorates. It is interesting to take a data point in this

region of high frequency and low damping and quote the full opinion of

the Cornell pilot: "Initial response fast and abrupt. Constant short-

period oscillation which pilot excite_. Must let go of stick to damp

out oscillations. Overshoots load factor. Requires constant attention."

These comments are typical effects of motion feedback that is too rapid

for the pilot to cope with. A moving cockpit with sufficient perform-

ance to operate in this region is Just now being completed; thus, whether

adding the pitching motion alone without vertical or longitudinal accel-

erations will result in a satisfactory simulation has not yet been deter-

mined. However, it is apparent that a fixed simulator is not adequate

to train the pilot to cope with airplanes which fly in this region.

Longitudinal-Control System

Considerably intertwined with this subject is the question of the

characteristics of the longitudinal-control system. A modified airplane

has been flown at the Ames Research Center in which the pilot can vary

the static stick gearing or stick force per g, the time constant of the

dynamic response, and the breakout force and again select the preferred

combinations. A portion of these results is shown in figure 4 where for
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two different pilots the maximum-acceptable, the best-available, and the

minimum-acceptable time constants have been plotted against stick force

per g. This is the equivalent first-order time constant of the control

system, the time required for the control surface to reach 63 percent of

the steady-state response to a step input of stick force. Broadly

speaking, the maximum-acceptable time constant is the value above which

the pilot considers the control response too sluggish and the mininnnn-

acceptable time response is the value below which it is too sensitive.

It should be pointed out that these r_sults are for constant airframe

aerodynamics which appear in the "poor" range in figure 3. The flight

results are shown by solid-line curves and, again, the companion fixed-

simulator study is shown by dashed-line curves.

In comparing the two pilots, it is interesting to note that the

honest difference in opinion between them in flight, shown by the solid-

line curves, is accurately reflected in their simulator results, shown

by the dashed-line curves. Also, it appears that the fixed simulator is

reasonably realistic in the range of interest. One exception must be

emphasized in the lower left-hand corner of these figures where the pilot

has a rapidly responding control and very high control sensitivity or low

stick force per g. In actual flight with pitching motion and acceleration

feedback present, the pilot--control-systemmairplane combination became

unstable and a pilot-induced oscillation w_s encountered which again

could be stopped only by releasing the stick. In the fixed simulator

with the motion feedbacks not,present, although the pilot correctly

derated the combination with a low opinion, he did not encounter any

self-induced oscillations. If this problem is of particular concern,

then motion or acceleration feedbacks appear to be mandatory. These

results were obtalne_ on highly maneuverable fighters; but, even with

transports, if it is desired to train pilots to cope with upset maneuvers

or damper failures, the regions in fighres 3 and 4 where the airplane in

question appears should be determined.

Lateral Dynamics

The next pilot task considered is lateral dynamics. A recent study

suggested that two important parameters influencing pilot opinion were

the roll-damping and roll-control power. Pilot-opinion boundaries based

on these two parameters were derived from tests which stressed two very

important phases of lateral control: the maximum roll acceleration and

rate capabilities desired by the pilot, and the precision of roll control

in terms of ability to change bank angle rapidly and stabilize.

The results of the lateral-dynamics study are shown in figure 5.

The constant pilot-opinion boundaries are shown as a function of a roll-

damping parameter and a roll-control-power parameter. Flight results

are shown by a solid-line curve, the moving simulator by a dash-dot
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curve, and the fixed simulator by a dashed-line curve. The agreement
between all three is satisfactory in the desirable normal operating
region where most of the real airplanes that were flight tested appeared.
However, the two simulator results diverge very rapidly at higher rolling
accelerations, a result indicating that the fixed simulator becomesvery
unrealistic. It should be noted that a logarit_nic scale is used in fig-
ure 5. Pilot opinions indicate that, in the region where the fixed simu-
lator is not realistic, the primary difficulty is in obtaining precise
control of the bank angle. As this region is entered, the control move-
ment that the pilot has to make to change his bank angle precisely is
changing from a simple pulse to a rapid sinusoid. It is easy to eonjec-
tur_ that, at these rolling accelerations, of the order of 500° per sec-
ond_, the actual environment of a rolling cockpit is mandatory in order
to reproduce the difficulty of the control problem realistically.

Another point of interest is that, at very low rolling rates encount-
ered in a sluggish airplane, the moving simulator is easier to fly than
the fixed simulator because the motion cues, particularly the accelera-
tion, help the pilot considerably. Again, in order to make these results
meaningful in connection with the simulation of a transport airplane, it
would be necessary to examinepossible critical maneuverssuch as colli-
sion avoidance or emergencycorrections to the Instrument Landing System,
to determine the rolling performance actually used, and to see where a
particular airplane appears in figure 5.

Instrument Presentation

Instrument presentation is as interesting as it is controversial.
The simulator work discussed concerns-presentation of the attitude of
the airplane, especially bank angle, to the pilot. The example shown
(see fig. 6) consists of two alternative fire-control-system presenta-
tions shownto the pilot on an oscilloscope. The one on the left con-
sists of a reference circle fixed with respect to the instrument case
and a moving target dot displaced from the center of the circle according
to the position of the target relative to the attacker. The pilot tracks
the moving target dot with the fixed circle the sameas he would track a
visual target with a fixed sight ring. In the presentation on the right
the target symbol, indicated by a small dash, is fixed in the center of
the scope. The attacker is represented by an inverted T displaced
from the fixed target according to their relative positions. The pilot
tracks by flying the "drone" on to the fixed bar. The matter of concern
is the bank-angle presentation. In the case on the left side of figure 6
the bank angle is presented by an artificial gyro horizon; that is, the
bar remains parallel to the true horizon while the instrument case (with
its reference marks, the pilot, and the airplane)rolls around it. This
is called an inside-out presentation. In the case on the right side of
figure 6 the bank angle is indicated by the angle between the wings of
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the drone and the fixed line across the instrument case which, of course,
rolls with the airplane. This is called an outside-in presentation, the
view that the pilot would get from a platform behind his airplane. The
essential difference between the two is shownby imagining the relative
motions involved in the lower two sketches of the presentations in a
right-wing-downbank angle of 45° with the target on the horizon to the
right. In the inside-out case the target dot is on the horizon but it
is displaced to the right, the view that the pilot would get from his
window. In this version of the outside-in presentation the drone is
banked 45° with respect to the reference bar but 90o with respect to
the true visible horizon and is displaced to the left.

As shownin figure 7 both of these presentations have been compared
by using flight tests, a moving simulator cockpit driven in pitch and
roll, and a fixed simulator. Eachof the curves is a composite time
history of the radial aim error averaged over about 15 tests. A verti-
cal line divides the time into two regions of the tracking maneuver, a
straight nonmaneuveringtail chase and a breakaway into an accelerated
turn. It can be seen that in the fixed-simulator results no differences
between the presentations appear. The type of presentation did not
affect the pilot's performance. In the flight tests during the nonmaneu-
vering portion the results were the same. In the maneuvering portion of
the flight, however, the pilot's performance deteriorated markedly with
the outside-in presentation, and the fixed-simulator results are obvi-
ously not realistic. In fact, with the use of two experienced test
pilots thoroughly trained in standard instrument-flying techniques, the
outside-in presentation in somecases actually produced symptomsof ver-
tigo in the maneuvering portion of the test. The pilots attributed the
vertigo to the fact that they were getting a visual cue in conflict with
the motion stimulus, which was, of course, not present in the fixed simu-
lator. In the rolling-cockpit simulator the c_nparison between the two
presentations is more like that in flight, but it is still not satisfac-
tory. The specific motion and visual cues which produce this very marked
effect have not all been traced as yet. It seemsapparent, however, that
fixed simulation of certain types of instrument presentations for pilot
training in maneuvering flight should be viewed very carefully until
more is known about this subject.

Complete Flight Simulation of a Particular Airplane

The final category to be discussed is the complete flight simula-
tion of a particular airplane. This is the stage in which all the
piloting tasks discussed previously are combined and the various inter-
action effects are encountered. Unfortunately, research directly appli-
cable to transport airplanes is very limited since nearly all research
projects have involved fairly exotic types such as vertical take-off and
landing airplanes_ the X-15, the X-18, and various satellite and reentry
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configurations. However, one principle that is pertinent has been
encountered repeatedly. Either in flight or in a simulator increasing
demandsare, of course, madeon the pilot's concentration as he is asked
to control the airplane in three dimensions and perform a number of
tasks simultaneously. In flight the pilot meets this challenge by con-
centrating on the obviously difficult tasks and by taking care of the
others by instinctive or set behavior patterns. Someof these instinc-
tive responses can be based on rather subtle inputs; in order to achieve
a realistic simulator, the pilot must be given the inputs he actually
uses or he maybe burdened excessively.

Onesimple example is a satellite-reentry problem in which the pilot
was asked to fly at a specified pitch attitude presented to him by an
instrument and at the sametime maintain his lateral balance with a
rather poor control system. The problem w_s first studied in a fixed
simulator which substituted an artlflcial-horizon instrument for the
actual rolling-motion stimulus. In order to perceive a bank-angle error,
the pilot had to wait for it to develop on the instrument, makea cor-
rective control motion, wait to observe its effect on the instrument,
and so on. This took so muchof his concentration that he found the
pitch control unsatisfactory and in somecases impossible to cope with.
Whenjust the actual rolling motion was added to the cockpit, the pilot
could feel even a small roll acceleration instantly through the seat of
his pants and could maintain his lateral balance almost instinctively.
This left him free to cope with the identical pitch problem satisfacto-
rily, and his opinion of the longitudinal-control system was quite
different.

CONCLUDINGREMARKS

Comparisonshave been madebetween actual flights and flight-
simulator studies in a number of phases of flying airplanes with a wide
range of characteristics. There are regions where someform of motion
stimulus is desirable or mandatory in order that the pilot operate the
simulator realistically, particularly for pitch- and roll-control
systems with a sensitive rapid response to control movementsand for
instrument presentations in maneuvering flight. In a broad range of
airplane characteristics that might be termed conventional, however,
the fixed simulator with adequate instrument presentation appears to be
a realistic and useful device for pilot-proficiency training.
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FLYING QUALITIES ASSOCIATED WITH ELECTRONIC

FLIGHT CONTROL SYSTEMS

By S. A. SJoberg

Langley Research Center

INTRODUCTION

The purpose of this paper is to discuss some flight research on the

flying qualities associated with electronic flight control systems. With

the type of control system to be discussed, there is no fixed relation-

ship between the pilot's stick position and the control surface position

as with conventional control systems. Rather a pilot's stick motion

commands a proportional change in some airplane response quantity, for

example, pitching velocity or normal acceleration. These control systems

have certain advantages in overcoming unsatisfactory aerodynamic stabil-

ity and control characteristics and also they can provide flying quali-

ties features not ordinarily present with conventional controls. With

several military airplanes which fly through very large speed and alti-

tude ranges it has been found necessary to use control systems of the

type to be discussed in order to provide acceptable flying qualities at

all flight conditions.

CONTROL SYST_W_

Figure i shows how control systems of the type used operate. The

control system shown in figure 1 is for longitudinal control. Similar

systems have been used for lateral and directional control. With this

control system a pilot's stick motion simply generates an electrical

signal which is proportional to stick deflection. There is no mechanical

connection between the stick and the elevator. The electrical signal
from the stick causes the actuator to move the elevator. The sensors

(which, for exs_ple, may be a rate gyro or an accelerometer or both)

measure the airplane motion and feed back an electrical signal which

opposes the signal from the stick. For this discussion, assume an accel-

erometer is the primary feedback sensor. Then when the feedback signal

from the accelerometer is equal to the stick signal, a steady value of

normal acceleration is achieved. Thus, with this control system, a

given stick deflection produces a proportional change in airplane nor-

mal acceleration and, furthermore, the acceleration for a given stick

deflection is the same at any speed, altitude, or center-of-gravity
position.

In the absence of any pilot's stick motion the control system acts

like a conventional autopilot in that the sensors detect any airplane

motion and cause the actuator to move the elevator to stop the motion.
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Longitudinal control systems have been tested in which normal

acceleration, pitch rate, and pitch attitude were the quantities which

were proportional to the pilot's stick deflection. The normal accelera-

tion and pitch rate systems were found to be superior to the pitch atti-

tude system for a maneuvering control. Therefore this paper is concerned

only with these two systems. Most of the flight results to be presented

are for the normal-acceleration system but much of the discussion is

equally applicable to a "pitch-rate" type of control system. Also, it

should be mentioned that a pitch damper was used with the normal-

acceleration control system to provide increased damping. In conjunc-

tion with the longitudinal-control systems, a roll-rate system was used

for lateral control and a yaw damper was used in the directional-control

system.

The airplane used in the flight investigations was a Grumman F9F-2.

This airplane is a subsonic jet-propelled fighter. The range of flight

conditions covered was from stalling speeds up to a Mach number of

about 0.8 and from low altitude up to about 35,000 feet. Although most

of the work done has been directed toward highly maneuverable airplanes

such as fighters, many of the results are applicable to any type of

airplane.

One of the flight test programs with the F9F-2 was an investigation

of the use of the electronic control systems for stabilizing an airplane

having static longitudinal instability. This condition has possible

application to airplanes designed to cruise at supersonic speeds. With

such airplanes, the trim drag at supersonic speeds can be minimized by

keeping the longitudinal stability margin small. If the longitudinal

stability is small at supersonic speeds, the airplane is likely to be

unstable at subsonic speeds. In the F,gF-2 program the airplane was made

unstable by burning fuel from a forward located fuel tank until the cen-

ter of gravity was abnormally far rearward.

Figure 2(a) shows the characteristics of the aerodynamically unsta-

ble airplane. Shown are traces of flight records of normal acceleration,

stick position, and elevator position. The pilot disturbed the airplane

with a small stick motion and the airplane diverged rapidly. Although

it is not shown in figure 2(a), at about the time the record ended the

pilot initiated the recovery from this divergence. As noted at the top

of the figure by the symbol x, the center of gravity was about 4 per-

cent of the mean aerodynamic chord back of the stick-fixed maneuver

point. The force per unit of acceleration was about -6 pounds per g

and the time for a divergence to double in amplitude was about 1 second.

With this amount of instability, the pilot, when flying in smooth air,

was able to control with reasonable precision by giving his complete

attention to control of the airplane. However the workload was extremely

high and the pilots did not consider the instability tolerable for even
an emergency condition.
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Figure 2(b) is for the airplane with the normal-acceleration con-
trol system. In the maneuver shownon the left-hand side of the figure,
the aerodynamic instability of the basic airplane is the sameas in the
maneuvershown in figure 2(a). In this case the pilot applied a step
input with his stick, and the normal acceleration response of the air-
plane is typical of that expected for an aerodynamically stable airplane.
Also insofar as the pilot is concerned, the airplane appears to be
stable. This normal-acceleration control system then was able to pro-
vide good flying qualities in spite of the aerodynamic instability. It
is of interest to note that the elevator motion bears very little rela-
tion to the pilot's stick motion.

The right-hand side of figure 2(b) is also for the airplane with
the normal-acceleration system and in this case the basic airplane is
aerodynamically stable, the center of gravity being about 4 percent of
the meanaerodynamic chord forward of the stick-fixed maneuverpoint.
Again the pilot applied a step input with his stick and the normal-
acceleration response of the airplane is very nearly the sameas when
the basic airplane is unstable. The ratio of steady normal acceleration
to stick deflection is the samefor both center-of-gravity positions.
Thus, if a simple spring feel system is used, the force per g is the
same. Also, as previously mentioned, the stick deflection per g and the
stick force per g do not vary with speed or altitude. The important
point is that, even though large changes in aerodynamic stability occur,
many of the changesare not apparent to the pilot in the flying quali-
ties of the airplane and his control task is then simplified.

Another item that past studies have indicated it might be desirable
to provide in an airplane is acceleration limiting or "g-restriction";
that is, to restrict the g that a pilot can apply to an airplane.

It maybe recalled that, with conventional control systems, the
normal acceleration resulting from a given stick deflection is directly
proportional to the dynamic pressure and thus at high speeds large
accelerations can result from small stick motions. With the accelera-
tion control system the steady normal acceleration for a given stick
deflection is the sameat all speeds and thus it appears that
"g-restriction" might be obtained simply by limiting the stick deflection
to the desired value. There is an additional consideration, however.
It is that for rapid stick motions the peak value_ or overshoot, of nor-
mal acceleration should not appreciably exceed the steady-state
acceleration.

Figure 5(a) shows some maneuvers made with the acceleration control

system to investigate the "acceleration-limiting'[ characteristics. The

flight conditions are noted on the figure and the static margin of the

basic airplane was about 5 percent of the mean aerodynamic chord. At

zero time this maneuver has already started and the airplane is flying
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in a turn at almost 4g. THemaximumrearward stick motion is restricted
to about 20° and this value corresponds to a steady acceleration of

slightly less than 4g. While flying in the turn the pilot moved the

stick toward neutral to reduce the acceleration and then he moved the

stick back against the stop very rapidly. The pilot repeated this maneu-

ver several times, the amplitude of the stick motion being larger each

time. Even for these extremely abrupt stick motions there is practically

no overshoot of the normal acceleration above the steady value. The con-

trol system used does provide excellent acceleration limiting.

Figure 3(b) demonstrates the acceleration limiting characteristics

of the control system when the speed is changing. At the start of this

maneuver the airplane is in a turn at slightly less than 2g at a Mach

number of about 0.65. The pilot then reduced the power and the _ch

number fell off to about 0.5. The pilot held the stick fixed throughout

the run and the acceleration-control system was able to maintain the

airplane at a nearly constant acceleration.

Figure 3(b) also illustrates another characteristic, that of "auto-

matic trimming." The constant stick position that is required to main-

tain a constant acceleration as the speed changes is indicative of the

automatic trimming. In 1 g flight the stick would be neutral and the

stick force zero throughout the speed range. In maneuvers involving

rapid speed changes, the pilots have found that automatic trimming is

very desirable because they are not required to retrim. The automatic

trimming does cause the "speed stability" of the airplane to be zero.

Most pilots have found the lack of speed stability not to be objection-

able even for cross-country flying probably because any speed changes

occurred very slowly. However, the addition of an altitude or Mach num-

ber hold mode would be very desirable for long period stabilization as,

for example, in cruising flight.

One other highly desirable feature provided by the electronic con-

trol systems used is that the trim changes associated with transonic

speeds and also the trim changes resulting from use of flaps, landing

gear, or speed brakes are automatically compensated for and the pilot

is not required to retrim.

CONTROLLERS

Another item that has been investigated in conjunction with the

automatic control systems is the type of controller which the pilot uses

for introducing electrical signals into the control system. Several

types of controllers have been used and among these are: conventionally

located center sticks, both movable and fixed, and small side-located

control sticks. In the pilot's opinion, by far the most satisfactory
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of the controllers used is the small slde-located stick. Figure 4 is a
photograph of one of the side-located controllers used. The stick is
located at the end of an armrest at the pilot's side and is operated
with the fingers. The forces found desirable with this controller are
very light by present standards. For example, a pull force of 5 pounds
results in an acceleration of about 9g and a lateral force of 9 pounds
produces a rolling veloclty of about 190° per second. About 29 pilots
have flown with this controller and it has been used for take-offs and
landings, and throughout almost the entire speed and acceleration ranges
of the airplane. All the pilots have becomeaccustomedto the controller
quickly and have found it to be very satisfactory. Also because of the
light forces associated with this controller, pilots have commented
favorably on the reduced workload required in flying with it.

AIRPLANERESPONSESIN ROUGHAIR

In addition to the flying qualities tests already discussed, meas-
urements were madeof the airplane pitching motions and the normal accel-
erations that occurred when flying in rough air with the automatic con-
trol systems. The test runs were madein clear air turbulence at low
altitude and the pilot did a minimumof controlling during the runs.
Table I summarizesthe results obtained.

The flight conditions are noted on the table and the static margin
was about 6 percent of the meanaerodynamic chord. The table lists the
normal-acceleration response and the pitching-velocity response for the
basic airplane, the airplane with the pitch-rate control system, and the
airplane with the normal-acceleration control system. The quantity
(an/ag)RMS is the root meansquare of the normal accelerations divided
by the root mean square of gust angle of attack and similarly the
pitching response (e/C_g)RMSis also in terms of the root mean squares.

Comparing the airplane response for the pitch-rate system with that
for the basic airplane, there is little difference in either the normal-
acceleration or pitching-velocity response. It might be expected that
the pitch-rate system would reduce the airplane pitching and for an air-
plane having low aerodynamic dampingthis would most certainly be the
case. At the low altitude of these tests (about 1,000 feet), the aero-
dynamic damping of the basic airplane was high and the pitch-rate con-
trol system had little effect on the pitching motion of the airplane.

Whenthe results for the normal-acceleration system were compared
with those for the other two systems, the accelerations were about
19 percent smaller with the acceleration system but the pitching
response was considerably larger. Therefore even though the accelera-
tion system did provide somereduction in normal acceleration near the
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center of gravity, the accompanying increase in airplane pitching may
make for a rougher ride at somedistance from the center of gravity.
The increase in pitching that occurred is inherent in the type of accel-
eration system used, because this system pitches the airplane in
attempting to maintain a constant acceleration.

SUMMARYOFRESULTS

Experience with these control systems maybe summarizedas follows:
The flying qualities associated wlth both the normal acceleration and
pitch rate control systems are very good. These systems can overcome
unsatisfactory aerodynamic stability and control characteristics and
can provide features such as acceleration limiting, automatic trimming_
and a constant stick force per g and stick deflection per g. Small side-
located control sticks are very satisfactory for use with these systems.

Although the F9F-2 program was primarily concerned with highly

maneuverable airplanes such as fighters, many of the results obtained are

applicable to any type of airplane.

The biggest drawback to use of these control systems is of course

reliability considerations. Several recent military airplanes have

used systems similar to those described and also they are contemplated

for use in some proposed military airplanes. The indications are there-

fore that reasonable reliability can be achieved or that satisfactory

auxiliary systems can be incorporated.
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TABI_ I

AIRPLANE RESPONSE IN ROUGH AIR

M=0.56 TO 0.62 h=700 TOI,200 FT
x = 6°/o MAC

CONTROL SYSTEM

NORMAL-ACCELERATION RESPONSE,

i
BASIC AIRPLANE 0.67

PITCH-RATE .66 I . 2
CONTROL SYSTEM

NORMAL-ACCELERATION .57 2.6
CONTROL SYSTEM

PITCHING-VELOCITY RESPONSE,

(_'q/ ,DEG/SEC/DEG
g/RMS

I.I
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SCHEMATIC OF AUTOMATIC CONTROL SYSTEM
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A REVIEW OF ATMOSPHERIC TURBULENCE AND ITS SIGNIFICANCE

TO JET-TRANSPORT OPERATIONS

By Roy Steiner and Martin R. Copp

Langley Research Center

INTRODUCTION

Gust and operating data have been collected from airline operations

for a number of years. The results obtained from these data-collection

programs, together with data from other sources, have served to develop

a description of the turbulence in the atmosphere. (See ref. i.) The

purpose of this paper is, first, to review this basic information on

the turbulence, especially in regard to its intensity and frequency of

occurrence at different altitudes, and second, to examine the signif-

icance of the tnrbu]ence to jet-trs_sport operations.

OPERATING ENVIRONMENT

Before proceeding with an examination of the turbulence data, the

turbulence environment for transport operations is reviewed briefly.

Figure 1 illustrates the operating altitudes for both piston and jet

transports and the various types of clear-air and cloud turbulence

which might be encountered. Current transports in both long and short-

haul operations climb and descend rather frequently through both clear-

air and cloud turbulence at the lower altitudes. Most storms also

extend up to and beyond their cruising altitude. (See ref. 2.) It is

expected that jet transports# at their higher cruising altitudes, will

fly above or around most of the severe cloud turbulence and, because of

their longer flight lengths, will climb and descent less frequently

through these lower altitude regions. It appears# therefore, that jet

transports will experience less storm turbulence than current trans-

ports, but the relative amount of clear-air turbulence is not appar-

ent because of jet-stream turbulence which may be encountered at the

high cruising altitudes.

EXPERIMENTAL RESULTS

In order to provide a more quantitative description of turbulence

in the atmosphere, the large number of measurements available from the
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VGand VGHprograms have been used to obtain estimates of the amount
and intensity of the turbulence at the various altitudes. In such use
of these data, it is usually convenient to separate the lighter inten-
sities or nonstorm types of turbulence from the more severe or storm
ty_es of turbulence. (See refs. i and 3-) Someof the results relating
to nonstorm turbulence are summarizedin figure 2.

In figure 2_ the percent of flight distance in nonstorm turbulence
at the different altitudes is shownby the curves on the left. The
relative intensity of the turbulence at the different altitudes is shown
on the right. The solid curve in this figure represents estimates based
on current data, and the dashed curve represents the estimate made
several years ago. (See ref. 3.) Whenthe records were evaluated for
these curves, the atmospherewas considered to be turbulent if gust
velocities of at least 2 feet per second were measured.

It is seen that the amount of turbulence decreases rapidly with
altitude for the lower levels and then increases somewhatbetween 20,000
and 40,000 feet. This increase reflects the relatively frequent occur-
rences of clear-air turbulence in jet-stream areas at tropopause levels.
For the estimates madeseveral years ago, insufficient data were avail-
able to establish these jet-stream effects. The collection of addi-
tional data also resulted in the changes noted for the lower altitudes.

The intensity of the nonstorm turbulence as shownon the right is
given as a ratio of the turbulence intensity at a given altitude to the
intensity at the 5,O00-foot-altitude level. The curve indicates that
the relative intensity of the turbulence decreases uniformly with
increasing altitude. The somewhatmore severe turbulence near the
earth's surface results from the combined effects of surface roughness
and convective activity.

In comparison with this nonstorm turbulence, storms occur only a
very small percentage of the time. As shown in figure 3_ the percent-
age of flight distance in storm turbulence amounts to much less than
i percent at all altitudes. The intensity ratio for storm turbulence
is also somewhatdifferent and has been found to remain constant to
about 25,000 feet and then to decrease at the higher altitudes.

By combining the information on the intensity ratios for h:th the
storm and nonstorm turbulence given in figures 2 and 3 with the distri-
butions of gust velocities for the lower altitudes (lO_O00-foot level
for storm turbulence and 5_O00-foot level for nonstorm turbulence), dis-
tributions of gust velocity per mile of turbulence can be estimated for
the different altitudes. (See fig. 4.) These curves may then be used
with the percentage of flight distance in storm and nonstorm turbulence
to obtain estimates of the frequency of occurrence of the gust veloc-
ities which would be encountered during transport operations. (See
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ref. 1 for a more complete discussion.) These results are shown in

figure 5.

The curves shown in figure 5 indicate the average number of gusts

which equal or exceed given velocities in lO million miles of flight

at different altitude levels. The curve for lO,O00-foot altitude indi-

cates that a gust velocity of 20 feet per second would be exceeded

about lO, O00 times in lO million miles of flight at this altitude.

With the exception of the curve for the very low altitude range, the

distributions indicate a fairly orderly decrease in gust frequency and

intensity as the altitude is increased.

COMPARISON OF JET AND CURRENT OPERATIONS

With this information on the gust frequencies and intensities,

together with knowledge of the flight plan, it is now possible to esti-

mate the gust histories for given operations. (See refs. 1 and 3.)

These estimates have been made for assumed Jet-transport operations and

will be compared with the measured results for two current transports.

The operations considered are summarized in table I.

In table I, the average flight length, cruising altitude and speed,

and gross-weight wing loading are shown for piston-engine, turboprop,

and jet-transport operations. The values for the piston-engine and

turboprop transports were based on VGH measurements from actual opera-

tions. The values assumed for the Jet operation were based on manu-

facturer's design studies and flight-test data.

The significant differences in these operations which would affect

the gust histories are the longer flight lengths and the higher cruising

altitudes for the jet transports.

The effect of these differences on the gust experience is shown in

figure 6. The two upper curves represent the measured gust velocities

for the piston-engine and turboprop transports. The estimates for the

Jet transport are shown by the shaded area.

The curves indicate that the gust histories were almost identical

for the turboprop and piston-engine operations. Considerably lower

values were estimated for the Jet transport. The width of the band for

the jet-transport estimates depends primarily upon the flight length,

and, for the cases selected, the 1,O00-mile flights define the upper

boundary, whereas the 3,O00-mile flights define the lower boundary. It

should be noted that the turboprop for this example was utilized on

operations very similar to those of the piston-engine transport; thus,
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the close agreement in their gust distributions is explained. Other
turboprop operations, however, maymore closely approach the Jet
operations.

The gust accelerations were also measured during the piston-engine
and turboprop operations and are compared in figure 7 with the estimates
for the jet-transport flights. Gust accelerations 3 as indicated in the
figure, are proportional to the slope of the lift curve3 gust velocity,
and airspeed, and inversely proportional to wing loading. Referring
again to the operating characteristics given in table I, the high wing
loading for the Jet transport and the less severe gust velocities given
in figure 6 would tend to reduce the gust accelerations. The higher
speeds, on the other hand, would tend to increase the accelerations.
These combined effects on the acceleration histories are shownby the
results in figure 7.

The curves indicate that the measured accelerations for the piston-
engine and turboprop transports are again in close agreement. The Jet
transport has a slightly less severe acceleration history. For these
Jet-transport calculations, the long and short flight lengths again
define the lower and upper boundaries of the band.

TURBULENCEAVOIDANCE

These acceleration estimates for the Jet transport would be modi-
fied if the operating airspeeds differed from the assumedspeeds.
Storm-avoidance procedures, either visually or by use of radar, may
also materially affect the accelerations. There are, of course, no
operational data available from radar-equipped Jet transports, but
some indication might be obtained from a review of past radar results.
The results from one investigation on the use of airborne radar for
storm avoidance on a low-altitude transport operation (ref. 4) are
shown in figure 8.

Figure 8 showsthe gust accelerations for piston-engine transports
flown by the sameoperator. These two curves represent the data before
and after radar was installed in the airplanes. The average cruising
altitude and flight length were similar for the two operations, as indi-
cated in the figure. The curves indicate that, for the larger gust
accelerations, the values were about 25 percent lower whenradar was
used for storm avoidance. No reduction was obtained for the small
accelerations. These samereductions may not necessarily apply to Jet
transports, but there is someindication that the large loads maybe
reduced somewhatfor Jet operations by radar storm-avoidance procedures.
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SUMMARYOFRESULTS

In summary,past VGand VGHmeasurementsprovide a description of
the turbulence environment in a form suitable for estimating gust and
gust-load histories. An application of these data to prospective jet
operations indicates that: (1) the gust experience maybe reduced sig-
nificantly relative to current operations, and (2) a somewhatsmaller
reduction might be expected in the acceleration experience. These
reductions becomemore significant as the flight length is increased.
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TABLE I

OPERATIONAL CHARACTERISTICS

FLIGHT CRUISE CRUISE WING
AIRPLANE LENGTH, ALT., IAS, LOADING,

MILES FT KNOTS LS/SO FT

PISTON 800 18,000 220 8:5

TURBO-
PROP 400 14,000 210 65

1,000 30,000
JET TO TO 275 90 TO I00

3,000 40,000
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GUST DISTRIBUTIONS BY ALTITUDE FOR AIRLINE OPERATIONS
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PITCH-UP PROBLEM - A CRITERION ANDMETHOD OF EVALUATION

By Melvin Sadoff

Ames Research Center

SUMMARY

A method has been described for predicting the probable relative

severity of pitch-up of a new airplane design prior to initial flight

tests. An illustrative example has been presented which demonstrated

the use of this procedure for evaluating the pitch-up behavior of a

large, relatively flexible airplane. It has also been shown that for

airplanes for which a mild pitch-up tendency is predicted, the wing and

tail loads likely to be encountered in pitch-up maneuvers would not

assume critical values, even for pilots unfamiliar with pitch-up.

INTRODUCTION

One of the stability problems of concern to airplane design and

operational groups in recent years is pitch-up or an inadvertent stalling

tendency that usually occurs well below the maximum lift capabilities of

an airplane. This pitch-up behavior, insofar as the pilot is concerned,

restricts the useful maneuvering range of an airplane since accelerated

flight near the pitch-up region may result in unintentional stalls and

spins at low dynamic pressures and in excessive airframe loads at high

dynamic pressures. One of the important factors contributing to pitch-up

is the destabilizing trend in the variation of pitching moment with lift,

which is characteristic of airplane configurations with swept wings or

horizontal tails placed well above the extended wing-chord plane. Since

high-speed performance considerations have generally resulted in the use

of these configurations, most current high-performance airplanes exhibit

a pitch-up tendency in varying degree. This paper is concerned with two

aspects of the pitch-up problem of interest to airplane design and opera-

tional groups. First, a method is briefly outlined for assessing the

probable relative severity of pitch-up prior to actual flight tests.

Even though this method was designed primarily for evaluation of fighter

airplanes, its extension to larger, relatively flexible airplanes is

demonstrated by means of an illustrative example. Second, the loads

aspects of the pitch-up problem are discussed with particular reference

to the possibility of exceeding the design wing _nd horizontal-tail

loads in pitch-up maneuvers.
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SYMBOLS

airplane lift coefficient

maximum lift coefficient

airplane pitching-moment coefficient

pitching-moment-curve slope

pilot control force, lb

acceleration due to gravity, 52.2 ft/sec 2

airplane pitching moment of inertia, lb-ft-sec 2

maneuvering horizontal-tail load, Iye/Z t, lb

horizontal-tail length, ft

airplane mass, lb-sec2/ft

airplane load factor, g units

dynamic pressure, lb/sq ft

airplane velocity, ft/sec

airplane weight, lb

_ach number

curve defining variation of airplane pitching moment with a,

ft-lb

dsmTping due to &, ft-lb/radian/sec

control-surface moment effectiveness, ft-lb/radian

damping due to @, ft-lb/radian/sec

curve defining variation of airplane normal force with _, ib

control surface lift effectiveness at constant _, Ib/radian



131

7

_e

_rec

airplane angle of attack, deg or radians

airplane pitch angle, radians

airplane flight-path angle, radians

control surface deflection, deg or radians

elevator deflection, deg

recovery control rate, deg/sec

airplane pitching acceleration, radians/sec 2

A dot over a symbol denotes the derivative with respect to time.

DISCUSSION

Before outlining methods for assessing the pitch-up behavior of a

new airplane design, the pitch-up characteristics of two existing air-

planes will first be examined in order to illustrate the basic problem.

In figure l, an experimental time history, representative of a swept-wing

medium bomber with a mild pitch-up tendency, is shown. Figure 2 pre-

sents a typical time history of a severe pitch-up experienced with a

swept-wing fighter airplane. The _ch numbers for these maneuvers were

0.8 at 35,000 feet for the bomber and 0.9 at 5_,000 feet for the fighter.

The various quantities plotted in these two figures serve to define com-

pletely the pitch-up characteristics'of these two airplanes and include

the pilot control force and position inputs and the airplane angle-of-

attack, load-factor, and pitching-acceleration responses. An inspection

of these time histories indicates that a severe pitch-up is character-

ized by large inadvertent increases in angle of attack of l0 ° or more,

by a corresponding increase in load factor of about 25 percent of the

design load, and by the extremely large recovery transient (shown by the

peak negative pitching acceleration) which resulted from the pilot's

applying large and rapid corrective-control inputs in an attempt to min-

imize the overshoots. For the medium bomber_ an attitude overshoot of

less than 2° and a load-factor overshoot of about l0 percent of the

design load are shown. Also, corrective control was applied at a rather

leisurely rate of 3°/sec, and the resulting recovery transient was fairly

mild. For the fighter airplane (fig. 2), the pilot's comments indicated

that the pitch-up was abrupt and relatively uncontrollable and that maneu-

vers above the pitch-up boundary would generally result in inadvertent

stalling, in possible spin entry, and in exceeding the desired load fac-

tor considerably. For the medium bomber (fig. 1), the pitch-up was
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described as mild, but with some tendency to exceed the desired load

factor. The reversal in the stick-force gradient above the pltch-up

boundary was considered objectionable by the pilots, but they still felt

that they had considerable control over the peak attitudes and load fac-

tors developed during pitch-up.

METHOD OF EVALUATION

In order to determine analytically from available wind-tunnel data

the relative severity of pitch-up of a new airplane design prior to

actual flight experience, both a rational method for predicting the air-

plane response during pitch-up and a criterion relating this response to

pilot opinion must be established. The former requirement may be satis-

fied by defining a standard evaluation maneuver based on control inputs

that are likely to be used by pilots in pltch-up maneuvers. Figure 3

illustrates the three stages in which this synthesized maneuver is

assumed to occur. The first stage is an initial control ramp corre-

sponding to a certain entry load-factor rate into the pitch-up region.

(For the present study, this rate was fixed at about 0.Sg per second.)

The second stage is essentially a time interval equal to the pilot's

response time between his initial perception of pitch-up and his appli-

cation of corrective control. In the third stage, the pilot is assumed

to apply corrective control to the forward stop at various rates to check

the pitch-up. Before this standardized maneuver can be constructed, it

is first necessary to determine an airplane response quantity which the

pilot associates with the onset of pitch-up and a reasonable response

time. From inspection of time histories of pitch-up maneuvers obtained

in flight and from ground tests in a pitch simulator, it was found that

the pilot associated onset of pitch-up with a threshold level of pitching

acceleration of about 0.15 radian/sec2. An average response time of

about 0.4 second was also determined. This information, together with

basic wind-tunnel data, may then be used to synthesize the model evalua-

tion maneuver and to compute the desired response quantities, which

include pitch acceleration and the angle-of-attack and load-factor
overshoots.

In order to establish a criterion relating pertinent computed

response quantities in pitch-up maneuvers to pilot opinion, this synthe-

sized pitch-up maneuver was applied to six airplanes which exhibited

pitch-up tendencies ranging from mild to severe, according to NASA pilots

who flew these airplanes. The basic aerodynamic data for these airplanes

and the equations of motions used in the computations are shown in fig-

ure 4. Airplanes A and B are swept-wing fighter airplanes with elevator

control. Airplanes C, D, and E are swept-wing fighter airplanes with

all-movable stabilizers. Airplane F is a swept-wing medium bomber with

elevator control. Computations were made for these six reference
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airplanes at a Machnumberof about 0.9, since flight tests indicated
that the pitch-up was most severe at this speed. Also, computations
were performed for each airplane at two altitudes: 39,000 feet, which
was the altitude at which most of the research flight experience was
obtained with these airplanes, and at lower altitudes where the pitch-up
region was assumedentered in a 6gmaneuver for the fighters and in a
3g maneuver for the bomber. Before the results of the computations are
presented, the objectives of a criterion based on these computedresults
should be noted. They are as follows:

(1) The criterion should validate the computational procedure based
on the synthesized pltch-up evaluation maneuver.

(2) The criterion should then enable design or operational groups
to assess the severity of pitch-up of a given design relative to that of
six existing reference airplanes already evaluated by NASApilots.

(3) The criterion should provide someinformation relating the mag-
nitude of the overshoots to the pilots' control response initiating the
recovery phase of the pitch-up maneuver. (As will be noted subsequently,
this is of importance in assessing the probability of critical tall loads
being encountered in pitch-ups.)

The primary results of the computations are presented in figure 5
where the computedovershoots at an altitude of 35,000 feet and a Mach
number of about 0.9 are related to numerical pilot-opinlon ratings
obtained during flight evaluations of the six reference airplanes.
These results are given for a relatively low recovery control rate of
10°/sec because it was found that the pilots based their opinions on the
overshoots associated with these low rates rather than the maximumthat
they were capable of applying. The p_tch-up rating schedule used during
the flight evaluation is explained in table I. It is shownin figure
that a good correlation exists between the magnitudes of the overshoots
and the results of flight evaluations, and this agreement lends some
confidence to the computational procedure used. For example, airplanes A
and B with _ overshoots in excess of about ll ° were assignedunsatisfac-
tory ratings of 8 and 7, respectively. As noted in table I, these
ratings are reserved for airplanes with a relatively severe pitch-up for
which there is an increased tendency for the pilot to apply large, abrupt
corrective control. On the other hand, airplanes E and F with an m over-
shoot generally under 4° were assigned a marginally satisfactory rating
of 2 which implies a mild, barely perceptible pitch-upwith little tend-
ency for the pilot to apply extreme corrective control to check the
pitch-up. By comparing the critical computedovershoots with the cor-
responding values for these six reference airplanes, design and opera-
tional groups are also provided with a method for assessing the probable
relative severity of pitch-up of a new design. Applied in this manner,
the method is also useful for determining the modulating effects of
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aerodynamic modifications or automatic control devices on a given design.

Also, if the pilot rating schedule in table I or the results presented

in tlme-history form in figures 1 and 2 are referred to, it is noted that

as the m_gnltude of the computed overshoots increases and pilot opinion

deteriorates, the pilot correctlve-control response tends to become more

extreme and results in violent recovery transients and increased maneu-

vering tail loads.

ILLUSTRATIVE EXAMPLE

To illustrate the use of this method in evaluating the pltch-up

behavior of a large airplane, the procedure used for the medium swept-

wing bomber will be examined. For large flexible airplanes of this

type, the computational procedure _as different in two important respects

from that used for the fighters. First, since the computed pitching

acceleration did not build up to the threshold value established from

simulator and flight tests of fighters, it _as found necessary to alter

the standard evaluation maneuver. This _as accomplished by assuming

that the pilot initially perceives pitch-up at an angle of attack corre-

sponding to the initial sharp destabilizing break in the pltching-moment

curve - in this case, where the airplane stability first reduces to zero.

Second, it _as found that the effects of flexibility had an important

bearing on the computed pitch-up behavior of this airplane. For example,

as shown in figure 6, neglecting these effects by using rlgid-model

pitching-moment data resulted in a computed _ overshoot of about 8 ° .

This value compares rather poorly_Ith the actual value of about 2 ° com-

puted for the flexible airplane. The point to be made here is that for

large flexible airplanes, the effects of flexibility, particularly those

on the airplane pitching-moment curve_ must be properly accounted for

before a reasonable prediction of pltch-up behavior can be attempted.

A word of caution should be injected here. Since the rating sched-

ule shown in table I _as used primarily for fighters, there may be some

question of its applicability to transport types. NASA pilots who have

flown both fighters and transports feel that transport requirements

should be somewhat more severe than those for fighters because of addi-

tional considerations for passenger comfort and lower design load fac-

tors. They have indicated, tentatively, that acceptable transport

ratings would fall in the range of 0 to 2, rather than the 0 to _ range

noted for the fighters in the table. This implies that only a mild

pitch-up, comparable to that observed for the swept-wing medium bomber,

would be considered acceptable for Jet-transport airplanes. However,

the actual range of acceptable behavior for transports would have to be

defined by the appropriate certifying agency.
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LOADS ASPECTS OF THE PITCH-UP PROBLEM

It was noted previously that one facet of the pitch-up problem of

concern to operational groups was the possibility of inadvertently

exceeding the design wing and tail loads in pltch-t_p maneuvers. This

possibility is examined first at the relatively hlgh altitude of
55,000 feet where the pitch-up region is entered at load factors well

under design values for the six airplanes considered in this study. In

figure 7, bar graphs of the computed peak load factors and maneuvering

tail loads are shown for the two airplanes rated unsatisfactory by the

pilots - airplanes A and B- and for the two airplanes rated marginally

satisfactory - airplanes E and F. Results are presented for two

recovery control rates in each case, a relatively low rate of lO°/sec

and the maximum rates possible. The load-factor overshoots and maneu-

vering tall loads for these four example airplanes are shown by the

shaded areas in this graph. Note that the tail loads have been nondi-

mensionalized by dividing by the airplane weight. It is evident from

these results that the lo_ds problem is not likely to be critical in

pitch-up maneuvers encountered at these flight conditions. The maximum

load factors, even for airplanes with relatively severe pitch-up tend-

encies, remain well under design values, due either to CL,ma x limitations

or to the reduced lift-curve slope characteristic of these airplanes in

the pitch-up region. Similarly, the maneuvering tail loads do not attain

critical values due either to typical limitations imposed by the forward

control stop or to the maximum recovery control rates available on these

airplanes.

The more critical flight conditions at lower altitudes and higher

dynamic pressures where the pitch-up region is entered at load factors
close to design levels are examined next. In this case, it might be

expected that both the wing and tail loads may assume critical values.

To illustrate this, the results of computations where the pitch-up region
is entered at about 80 percent of the design load factor, that is, about

6g for the fighter types and 3g for the bomber airplane, are presented

in figure 8 for the four example airplanes. It may be seen from these

results that the pilot is faced with a difficult problem, particularly

if he penetrates the pitch-up region at this flight condition with an

airplane with a moderately severe pltch-up tendency. If he attempts to

check the pitch-up wlth high recovery control rates, the wing loads in

excess of design values are minimized, but at the expense of the maneu-

vering tail loads exceeding design levels. On the other hand, if rela-

tively low recovery control rates are used, the wing loads tend to

exceed the design load considerably. For the two airplanes whose pitch-

up behavior was considered fairly mild by the pilots at 35,000 feet, the

overshoots, even for these critical flight conditions, are relatively

small and unaffected by recovery control rate. For this reason, in

addition to the reduced probability of extreme recovery control rates
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being applied to check mild pitch-up tendencies, the possibility of

exceeding the design tail loads in pitch-up maneuvers, even for pilots

relatively inexperienced with pitch-up, is considered fairly remote.

CONCLUDING RE_

A method has been described for predicting the probable relative

severity of pitch-up of a new airplane design prior to initial flight

tests. An illustrative example has been presented which demonstrated

the use of this procedure for evaluating the pitch-up behavior of a

large, _elatively flexible airplane. It has also been shown that for

airplanes for which a mild pitch-up tendency is predicted, the wing and

tail loads likely to be encountered in pitch-up maneuvers would not

assume critical values, even for pilots unfamiliar with pitch-up.
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TABLE I

PILOT RATING OF PITCH-UP

ADJECTIVE NUMERICAL DESCRIPTION
RATING RATING

SATISFACTORY 0 SATISFIES STABILITY AND CONTROL REQUIREMENTS

MARGINALLY I PITCH-UP BARELY PERCEPTIBLE .... LITTLE TENDENCY
FOR PILOT TO APPLY RAPID AND EXCESSIVE

SATISFACTORY 2 CORRECTIVE CONTROL

UNSATISFACTORY 3 PITCH-UP IS MORE APPARENT .... THERE MAY BE SOME
BUT 4 TENDENCY FOR THE PILOT TO APPLY RAPID AND

ACCEPTABLE 5 PERHAPS EXCESSIVE CORRECTIVE CONTROL

6 PITCH-UP SEVERE RANGING FROM CONTROLLABLE ONLY
WITH GREATEST DIFFICULTY TO PRACTICALLY

UNSATISFACTORY 7 UNCONTROLLABLE .... INCREASED TENDENCY FOR THE
B PILOT TO APPLY RAPID AND EXCESSIVE CORRECTIVE

CONTROL

PITCH-UP SO SEVERE THAT AIRPLANE IS
9 UNCONTROLLABLE .... SOME POSSIBILITY OF ENTERING

UNACCEPTABLE I0 A SPIN OR OTHER UNUSUAL MANEUVER FROM WHICH
RECOVERY MAY BE DIFFICULT OR IMPOSSIBLE
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SOME EFFECTS OF YAW DAMPING ON AIRPLANE MOTIONS AND

V_TICAL-TAILLOADS IN TURBULENT AIR

By Jack Funk

Langley Research Center

and T. V. Cooney

NASA High-Speed Flight Station

SUMMARY

Results of analytical and flight studies are presented to indicate

the effect of yaw damping on the airplane motions and the vertical-tail

loads in rough air. The analytical studies indicate a rapid reduction

in loads on the vertical tail as the damping is increased up to the

point of damping the lateral motions to 1/2 amplitude in one cycle.

Little reduction in load is obtained by increasing the lateral damping

beyond that point. Flight measurements made in rough air at 5,000 and

35,000 feet on a large sWept-wingbomber equipped with a yaw damper

show that the yaw damper decreased the loads on the vertical tail by

about 50 percent at 35,000 feet. The reduction in load at 5,000 feet

was not nearly as great. Measurements of the pilot's ability to damp

the lateral motions showed that the pilot could provide a significant

amount of damping but that manual control was not as effective as a

yaw damper in reducing the loads.

INTRODUCTION

The trend toward increased operating altitudes and the use of swept

wings on newer transports contribute to a deterioration of lateral-

directional damping. Because of the low damping, disturbances caused by

turbulence result in large-amplitude oscillatory motions. Such oscilla-

tions are objectionable to the pilot and passengers and, in_dition,

produce sizable loads in the vertical-tail structure. The NASA has been

conducting analytical and experimental studies to determine the effect

of damping on the lateral motions of the airplane and on the vertical-

tail loads in rough air. This paper presents some results of these

studies to show the effect of damping on the motions and loads in rough

air, and to indicate the reductions obtained by increasing the damping.
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CALCULATIONS

Effect of Period and Damping

Calculations for the effect of period and damping on the loads on
the vertical tail due to turbulence were madeon the assumption that
the only parameters of importance are the period and the damping of the
lateral motions. A brief analysis indicated that, for most airplanes,
other parameters can be neglected without too muchloss in accuracy.
On this basis, calculations were madefor the ratio of the sideslip
angle at the vertical tail to the gust angle, which is a measure of the
load on the vertical tail.

The results of the calculations are shownby the three curves in
figure 1. The ordinate values are the ratio of the root-mean-square
sideslip angle at the vertical tailto the root-mean-square gust input
angle. Thesevalues for three lateral frequencies are plotted against
the dampingparameter, which is the reciprocal of the number of cycles
to dampthe lateral motion to 1/2 amplitude. The lateral frequency is
expressed in terms of the wavelength of the lateral oscillation in feet
and is the product of the lateral period in seconds and the true air-
speed in feet per second. The three frequencies showncover the range
for most transport airplanes.

The curves in figure i show that as the lateral damping of an air-
plane is increased, the loads on the vertical tail in rough air decrease
rapidly until the damping parameter reaches a value of about 1 (that is,
a dampingof the lateral motion to 1/2 amplitude in one cycle). Little
is gained by increasing the damping beyond this point. Figure 1 also
indicates that a 2-to-1 change in the wavelength of the lateral motion
has only a small effect on the vertical-tail loads.

Trend in Vertical-Tail Loadings of NewTransports

The calculations presented in figure 1 can be used to indicate the
trend in loads on the vertical tail surface in rough air for someof the
newer transports. The symbols locate somerepresentative transport air-
planes on the curves according to the damping of the lateral motions
under given operating conditions. The open circles represent three
swept-wing jet airplanes without yaw dampers flying at about 35,000 feet.
The solid circles are for the sameairplanes and altitudes but with yaw
dampers in operation. The diamonds show the damping at lO,O00 to
15,000 feet for several unswept-wing piston-engine airplanes which have
proved to be satisfactory in service.
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A comparison of the ratios of sideslip angle to gust angle for the

airplanes denoted by the symbols in figure 1 indicates the following

results for flight in the same intensity of turbulence: Swept-wing air-

planes operating at 35_000 feet without yaw dampers can be expected to

experience much higher vertical-tail loads than current transports oper-

ating at 10,O00 to 15,000 feet. With yaw dampers in operation, however,

the high-altitude airplanes can be expected to experience almost the

same vertical-tail load as current transports.

FLIGHT TESTS

Effect of Yaw Dampers

Some time histories of measurements of the motions and vertical-

tail loads experienced in rough air by a jet airplane which has a con-

figuration generally similar to the new transports are shown in fig-

ures 2 and 3- Figure 2 shows time histories of the lateral gust velocity

(expressed as the gust angle-of-attack changes at the vertical tail),

the sideslip angle, the vertical-tail bending strains, and the rolling

and yawing velocities of the airplane. These measurements were made at

a Mach number of 0.6 at 35,000 feet. The yaw damper was not in opera-

tion during the run shown in figure 2 and the pilot was flying "hands-

off" as much as possible. The time histories indicate that under these

conditions the airplane experienced large rolling and yawing motions at

the Dutch roll frequency of about 1 cycle in 5 or 6 seconds. An impor-

tant point to note is that the amplitude of the sideslip angle is 3 or

4 times the amplitude of the gust input angle. Another point is that

the measured tail strains closely follow the sideslip motions of the

airplane, thereby indicating that most of the tail strains result from

the motions of the airplane and very_ittle from what might be con-

sidered the direct gust effect.

Figure 3 shows time histories of the same quantities measured in

turbulence of about the same intensity and under similar flight condi-

tions but with the yaw damper in operation. It is apparent from a com-

parison of figures 2 and 3 that the yaw damper reduces the amplitudes

of both the lateral motions and the tail strains by a considerable

amount.

The magnitude of this reduction in tail strain is shown in figure 4.

Figure 4 shows the percentage of time the root bending strains of the

vertical tail were above a given level in the tests of the swept-wing

jet airplaue at an altitude of 35,000 feet and a Mach number of 0.6 and

at an altitude of 5,000 feet and a Mach number of 0.3. The two flight

Mach numbers correspond to about the same dynamic pressure at both alti-

tudes. The solid lines show the results for the runs with yaw damper

off, and the dashed lines for yaw damper on.
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It is obvious from a comparison of the curves in the left-hand plot
of figure 4 that yaw damping reduces the magnitude of the loads consid-
erably at high altitudes. This reduction is about 50 percent at
35,000 feet. At 5,000 feet, where the damping in yaw for the basic air-
plane is better, the benefit of yaw damping is much less, as shownin
the right-hand plot of figure 4.

Yaw-DampingEffectiveness of a Pilot

So far the discussion has been concerned with the effect of yaw
dampers in alleviating airplane motions and vertical-tail loads in rough
air. Oneadditional question of interest concerns the ability of a pilot
to control the airplane in the event of damper failure.

In order to assess the effectiveness of the pilot in damping the
Dutch roll motions of an airplane, flight tests have been madein tur-
bulent air, first with the pilot flying essentially hands-off and then
with the pilot controlling the lateral motions. Figure 5 summarizes
the results of these tests.

The results in figure 5 indicate the percentage of time the side-
slip angle and vertical-tail strains were above a given level. Tests
without the yaw damper are indicated by solid lines; those with pilot
control of the yawing motion, by long-dash lines; and those with yaw
damperon, by short-dash lines. These tests were madeat 21,000 feet
at a Machnumberof 0.6.

The results indicate that the damping provided by the pilot resulted
in a significant reduction in the lateral motions of the airplane and
the vertical-tail loads. This dampin_ provided by the pilot, however,
was not as great as that provided by the yaw damper. The pilot commented
that the long-period oscillation can be readily dampedout but that over
a long time interval such constant control effort would becometiresome.

CONCLUSIONS

Analytical and flight studies of the effect of yaw damping on air-
plane motions and vertical-tail loads have resulted in the following
conclusions:

i. Theoretical considerations indicate that little reduction in
vertical-tail loads is obtained by increasing the damping beyond the
point where the oscillations dampto 1/2 amplitude in one cycle.



147

2. Measurementson a large jet airplane in rough air at 35,000 fe_t
have indicated that yaw-damperoperation resulted in a 50-percent reduc-
tion in both aircraft motions and vertical-tail loads. At 5,000 feet,
where lateral damping is better, benefits of the yaw damping are much
less.

3- It would appear that a pilot maybe able to provide sufficient
damping in the event of failure of the yaw damper.
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FLIGHT STUDIES OF PROBL_MS PERTINENT TO HIGH-SPEED

OPERATION OF JET TRANSPORTS

By Stanley P. Butchart, Jack Fischel,

Robert A. Tremant, and Glenn H. Robinson

NASA High-Speed Flight Station

SUMMARY

A flight investigation was made to assess the potential operational

problems of Jet transports in the transonic cruise range. In this study

a large multien_ine jet airplane having geometric characteristics fairly

representative of the jet transport was used; however, in order to

ensure general applicability of the results, the aerodynamic character-

istics of the test airplane were varied to simulate a variety of jet-

transport airplanes.

Some of the specific areas investigated include: (1) an overall

evaluation of longitudinal stability and control characteristics at

transonic speeds, with an assessment of pitch-up characteristics, (2)

the effect of buffeting on airplane operational speeds and maneuvering,

(3) the desirable lateral-directional damping characteristics, (4) the

desirable lateral-control characteristics, (9) an assessment of over-

speed and speed-spread requirements, including the upset maneuver, and

(6) an assessment of techniques and airplane characteristics for rapid

descent and slow-down.

The results presented include pilots' evaluation of the various

problem areas and specific recommendations for possible improvement of

jet-transport operations in the cruising speed range.

INTRODUCTION

In an assessment of problems other than those encountered in the

take-off and landing area which could possibly affect operations of Jet

transports, the region determined as most likely to be critical was the

transonic region because of the changes in aerodynamic phenomena which

could affect the safety or comfort of flight. Although the effects

occurring in this speed range have been extensively explored by research
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and military aircraft and are well known, somequestion exists regarding
the importance of these effects on civilian passenger-carrying airplanes.

For the purpose of investigating the overall significance of these
effects as they might affect airline operations, a large multijet air-
plane, basically similar to the jet transports currently being produced,
was utilized to evaluate the specific problem areas.

SYMBOLS

a n

b

Cm

%

Fe

M

M I

P

pb/2V

S

T

TI/2

T2

T¢=30o

V

Vi

normal acceleration, g units

wing span, ft

airplane pitching-moment coefficient

airplane normal-force coefficient

longitudinal control force, ib

Mach number

Mach number at initiation of maneuver

rate of roll, radians/sec

wing-tip helix angle or lateral control effectiveness

parameter, radians

wing area, sq ft

engine thrust, ib

time for lateral-directional oscillation to damp to half

amplitude, sec

time for lateral-directional oscillation to double amplitude,
sec

time to change bank angle 50 °, sec

true velocity, ft/sec

calibrated indicated airspeed, knots
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W

c_i

8e

airplane weight, lb

indicated angle of attack, deg

elevator deflection, deg

PROBL_4AREAS IN JET-TRANSPORT OPERATION

The problem areas to be considered in the present investigation of

jet transports are as follows:

(1) Overall longitudinal stability and control characteristics at

transonic speeds

(2) Buffeting

(3) Desirable lateral-directional damping characteristics

(4) Desirable lateral-control characteristics

(5) 0verspeed and speed-spread requirements

(6) Techniques and airplane characteristics for emergency descent

and slow-down.

For the purpose of this study, a large multiJet airplane basically

similar to jet transports now in production was tested in flight. This

airplane configuration had a 35° sweptback wing of aspect ratio 7.1. A

two-view drawing of the airplane is shown in figure 1.

RESULTS AND DISCUSSION

Trim Characteristics

Inasmuch as the economics of jet-transport operation will dictate

that airplanes of this type cruise in the transonic speed range, they

will be flying in a region where the usual unstable longitudinal trim

variations will be encountered. A question exists as to whether this

is a potentially dangerous area in which to operate. Figure 2 shows

typical trim variations of elevator force and position with Mach number

for two altitudes; stabilizer setting was held constant. The solid

lines represent operation in level flight (normal acceleration of 1 g)

and the dashed lines represent trim level for a normal acceleration
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of l. Sg. Whenthe airplane accelerated longitudinally in level flight
through the speed range to the unstable region of the trim curve, the
force reversal was mild and occurred at such a rate that the airplane
could be trimmed at all times. For example, at an altitude of
25,000 feet, approximately 75 seconds was required for a Machnumber
increase from 0.75 to 0.85, and at 35,000 feet the time required for a
similar increment in speed was approximately doubled. In decelerating
through this "tuck" or transonic region, the force change from an unsta-
ble trend to a stable trend occurred at a more rapid rate, depending on
the technique used for slow-down, but was still considered slow enough
to enable the pilot to maintain a i g trim condition at all times. For
example, whenthe airplane decelerated with throttles in the idle posi-
tion and speedbrakes extended, approximately 35 seconds was required
for a Machnumberdecrease of 0.i at 25,000 feet. Should a pilot decel-
erate while holding the stick force constant or while increasing the
stick force to obtain a higher normal acceleration, it is possible to
obtain higher levels of normal acceleration, perhaps approaching struc-
tural limits, as a result of control reversal in the transonic region.
This possibility is apparent from the trends and levels of control force
and position for trimmed flight at I g and l. Sg shownin figure 2. The
trend of the power-off trim variations through the speed range was simi-
lar to that shownfor the power-on condition; however, the levels of
force and elevator position required were somewhathigher for the power-
off condition. Whenthe airplane decelerated (decreasing M) with
engines idle and speed brakes open, the trim variations were similar in
trend and magnitude to those shownfor the power-on acceleration
(M increasing), so that the individual effects on trim associated with
these variables were indicated to be compensating. It is believed that
if this transonic region were traversed appreciably faster with the
force variations shown, or if the changes in control force were approx-
imately doubled with the existing rate of Mach numberchange specified,
the trim variations would be very objectionable. From consideration of
these factors, it appears that a force variation with speed of 40 or
50 pounds should be the maximumallowable.

Although the trim variations recorded over the transonic speed range
appear more acute for the higher altitude, this difference was not
readily apparent to the pilot. The variation with Mach numberof ele-
vator position and force required for trimmed flight at a normal accel-
eration of 1 g in the transonic region was essentially unaffected by
changes in center-of-gravity position. Operation under instrument
flight conditions in the transonic region provided no additional handling
difficulties, inasmuch as operation under visual flight conditions
required the use of instruments to control the flight path at high
altitude.
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Cruising in the unstable portion of the transonic region with auto-

pilot off requires constant pilot attention, since small disturbances

of equilibrium conditions have a divergent effect on speed and altitude.

Performing a change in heading in the unstable trim region provides

added difficulty for the pilot in maintaining altitude control because

of the forward stick displacement required as the speed tends to

decrease.

From the pilot's viewpoint, it would be desirable to have the

unstable force variations masked in order to provide stable trim force

variations throughout the speed range.

Pitch-Up Characteristics

In maneuvers to normal acceleration in excess of 1 g with swept-wing

airplanes, pitch-up has been encountered which was quite severe for the

smaller aircraft and often bordered on being dangerous. Data obtained

on the test airplane during an accelerated maneuver are presented in

figure 5, together with comparable data obtained with the B-47 airplane.

Time histories of similar slow-rate wind-up turns are shown as varia-

tions of stick force, elevator angle, normal acceleration, and angle of

attack for each aircraft. Also shown are corresponding variations of

airplane pitching moment with angle of attack. Despite the decrease in

stability with increase in angle of attack for the test airplane, as

exhibited by the decrease in slope of the pitching-moment curve, the

rates of rotation were so low that the pilot generally was not. cognizant

of this pitch-up effect. This mild effect can be attributed to the

gradual change in slope of the pitching-moment curve and the large air-

craft inertia. The airplane was controllable at all times. However, if

the change in slope of the pitching-moment curve is more radical and

exhibits an unstable trend, as shown for the B-47, the pitch-up is very

apparent and can be potentially dangerous at altitudes where design

limits can be exceeded in the overshoot of normal acceleration. For

this degree of instability with the large aircraft, recovery from pitch-

up is slow and generally requires appreciable pilot effort. For both

airplanes, buffet barel_ preceded the pitch-up and could serve as a

warning for slow rates of entry. If the control system is such that the

stlck-force gradient has an abrupt decrease with increased normal accel-

eration, an apparent pitch-up, which can be potentially _angerous, is

evident to the pilot.

Buffeting Characteristics

When Mach number increased in level flight at altitudes above

approximately 25,000 feet, or when maneuvers were performed to levels
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of normal acceleration in excess of i g, buffeting was encountered.
Figure 4 showsthe variation of normal-force coefficient with Machnum-
ber for the onset of buffeting for the test airplane. The buffeting is
first perceptible to the pilot through the control column and is simi-
lar to rough-air turbulence; the intensity rise is quite gradual with
increase in speed or normal acceleration. On this airplane the severity
of buffeting did not appreciably limit aircraft maneuvering up to the
maximumof 2g tested. However, consideration of passenger comfort may
dictate that the aircraft be operated sufficiently below this boundary
to permit normal maneuvering without encountering buffeting. For
example, for an airplane with a wing loading of 75 lb/sq ft operating
at an altitude of 35,000 feet, for which the lower dashed line in this
figure showsthe variation of level flight (1 g ) normal-force coeffi-
cient with Machnumber, a normal operating Machnumber0.03 below that
for level-flight buffeting would provide a normal-acceleration maneu-
vering range of 0.5g prior to encounter of buffeting at essentially
constant speed.

Although little difference could be detected between the buffeting
encountered at high speed and that produced by high-altitude turbu-
lence, it is believed that buffeting would serve as a warning, in any
case, for the pilot to slow down.

For an airplane that was performance-limited in level flight to
operation slightly above or in the buffet boundary, an accelerated lon-
gitudinal maneuverwould cause a decrease in speed so that the varia-
tion of CN with M would parallel the buffet boundary with little or
no increase in buffet severity. For an airplane that was not
performance-limited and which could operate at speeds well into the
buffet boundary, an accelerated maneuver could produce sizable increases
in severity of buffeting.

Lateral-Directional DampingCharacteristics

In order to evaluate the degree of lateral-directional damping
desired for high-altitude cruise, various lateral-directional dynamic
characteristics were obtained on the test airplane by using a yaw
damper. The dynamic characteristics shownin figure 5 were obtained
by varying the yaw-dampergain setting. This figure showsthe varia-
tion of time to dampto half amplitude or the time to double amplitude
of the lateral-directlonal oscillation with Mach number. Data are
presented for three damper conditions: damperon, off, and reversed.
Reversed dampingwas evaluated to investigate handling characteristics
with materially less damping than that produced by the basic airframe.
At Mach numbersbelow about 0.84 the damping of the basic airplane with
damper off was satisfactory in smooth air in straight and level flight
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but was considered marginal for smooth-air maneuvering, because of the
residual induced oscillations. During high-altitude flight in turbu-
lence, the damping becameunsatisfactory. In this speed range the
damping provided with damperon wasparticularly beneficial at high
altitude and in rough air and would provide a margin of comfort for
passenger-carrying aircraft. At near maximumspeeds it was sometimes
difficult to appreciate any additional damping provided by the yaw
damperbecause of the improved aerodynamic damping. The level of
damping provided by the reversed damperwas entirely unsatisfactory and
would constitute an emergencycondition from structural considerations,
even though the pilot could control the aircraft. From the viewpoint
of airplane controllability and passenger comfort, it is felt that
lateral-directional damping should be sufficient to dampany oscilla-
tion to half amplitude within 3 or 4 seconds.

Evaluation of Desirable Lateral-Control Characteristics

Lateral-control requirements for the high-altitude cruise condi-
tion appear to be much less stringent than for the low-speed landing
and take-off condition that is discussed in reference i. Figure 6
showsthe results of rudder-fixed aileron rolls where time to bank 30° ,
maximumhelix angle, and maximumroll rate are plotted against Mach
number. The data are presented in these three forms for comparison and
discussion purposes. The solid lines show the lateral-control power
produced by full deflection of inboard ailerons alone, and the dashed
lines represent the lateral-control power produced by inboard ailerons
and all spoiler controls. The control levels produced by ailerons and
either inboard or outboard spoilers were evaluated and provided inter-
mediate control levels, as anticipated. The apparent decay in perform-
ance above a Machnumberof approximately 0.8 is a result of spoiler
blow-down with increasing dynamicpressure.

The helix angle of 0.02 shownfor ailerons alone appears to be
low when comparedwith the Air Force requirement of 0.07 for transport
aircraft. Testing has shownthat for small course corrections or
heading changes requiring up to 30° bank angle, ailerons alone gave a
comfortable rate of roll. It is believed that a roll rate of not more
than 0.2 or 0.3 radianper second should be adequate for normal
operations.

For this particular airplane configuration the absence of spoiler
buffeting, when ailerons alone are used for lateral maneuvering, is an
added attraction for pilots and passengers alike. With an aim at
keeping as much lateral control as possiblefor collision avoidance,
somethought might be given to the use of a differential control where
the spoilers would be employed after approximately 60 to 70 percent of
the control-wheel "throw."
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Assessmentof OverspeedCapabilities

As the aircraft designer labors to makehis airplane go ever
faster, the existing problems of overspeed and speed control become
still greater because of the possibility of exceeding design limits,
even in level flight. Figure 7 showsthe potential of the airplane in
exceeding the dynamic-pressure design limits in case climb power is
retained after level off at altitude. The solid lines represent the
data from tests at two altitudes for a thrust-weight ratio of 0.23. At
12,000 feet and a climb speed of 280 knots, approximately 75 seconds
was required before an arbitrary placard speed of 350 knots was reached.
At 25,000 feet a full 2 minutes elapsed for essentially the same
increase in speed. The dashed lines represent data for the sameair-
plane using engines having thrust-weight ratios of 0.29, and even
greater thrust potentials can be imagined. The seriousness of the prob-
lem is somewhatreduced at higher altitudes, where the airplane has Mach
number limitations and the pilot has a certain amount of buffet warning.
At lower altitudes where the transport has dynamic pressure limitations,
th_ pilot has only his airspeed instrument to warn him of approaching
limits. This instrument could be neglected during instrument-flight
conditions involving increased cockpit activity and attention to other
details. The addition of a horn, bell, or warning light, or a combina-
tion, appears to be the best solution to the problem.

Upset-ManeuverEvaluation

Closely associated with the level-flight overspeed problem is the
possibility of the airplane exceeding design limits during a so-called
"upset" maneuverresulting in a dive. In order to provide information
leading to speed-spread requirements, an evaluation of various upset
maneuverswas made. In general, the upsets were initiated from cruise
in level flight by pilot-induced control movement. Figure 8 shows the
results of someof these tests performed at two altitudes for various
dive angles. At 25,000 feet, a placard speed of 365 knots was used,
and the upset maneuverswere started 25 to 45 knots below this placard
speed. The time required to reach maximumspeed is shownas the end
point of each maneuver; however, the recovery technique was started
earlier as shownby the marks indicating throttle to idle or speed
brakes open. For the 35,000-foot condition a Mach number of 0.9 was
used for the placard speed and starting Machnumbers as high as 0.875
were used. Dive angles varied from 4° to 16° .

It was felt that placing the airplane in a dive by elevator con-
trol was rather unrealistic and a more severe requirement might result
when the upset maneuverwas executed by a runaway stabilizer trim
motor. In these tests the copilot initiated the upset by use of the
stabilizer trim switch, and the pilot's task after recognizing the
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upset was first to halt the runaway condition and then to recover. An
example of this type of maneuveris shownfor an altitude of 35,000 feet
(fig. 8) at a dive angle of 4° which resulted in a speed increase of
approximately i0 knots. This methodof testing pointed up the desir-
ability of having a positive nose-up trim change with application of
speed brakes, which materially helped in recovery where elevator stick
force was high as a result of runaway trim. The pilot was usually
aware of the upset in 2 to 3 seconds, and recovery action was taken
immediately, using not over l.Sg. The speed brakes were most effective
in controlling speed, as can be seen by the short time interval between
their application and the maximumspeed attained.

A few more commentspertinent to the upset condition and speed-
spread requirements are considered necessary. It is difficult to
specify exact speed-spread requirements because of the important effect
of the drag rise in limiting aircraft maximumspeeds. An example of
this can be seen in figure 8 for an altitude of 35,000 feet, where an
upset initiated at M _ 0.875 with an ii ° dive angle produced a
smaller speed increment than an upset initiated from M _ 0.805 with a
12° dive angle. Thus, an airplane havi_ its limiting or design speed
barely in the drag-rise region might be unduly penalized by a speed-
spread requirement based on a given upset maneuver comparedwith another
airplane having its limiting or design speed well into the drag-rise
region.

Slow-Downand Descent Evaluation

The inability to slow downa fast-movin_ transport becomesgreater
as speed and weight are increased. The need for a slow-down capability
may arise when encountering heavy turbulence or in an aircraft emer-
gency. Figure 9 showsthe time required to slow down to the landing-
gear placard speed from cruise conditions at two altitudes. Various
techniques were used such as throttle "chop" to idle_ throttle chop T
plus opening of speedbrakes B; and finally throttle chop T, speed
brakes B, and a 1.Sg turn or pull-up W. For the 35,000-foot altitude
the time required was cut in half when speed brakes were added to the
throttle chop. This time was again cut in half whena 1.Sg pull-up was
used with the throttle chop and speedbrakes. Obviously, this last
method cannot be used where strict altitude limits are needed but does
illustrate the potential available if a slight pull-up could be used.
In the test cases approximately 1,200 feet altitude was gained during
the maneuver.

The penalties associated with providing adequate drag by meansof
speed brakes have caused a general use of the landing gear as a drag
device. Probably the greatest single improvement for slow-down capa-
bilities, therefore, would be in the designing of the landing gear for
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operation at speeds at or near cruise conditions. A landing gear that

could be lowered at all operational speeds should be available at all

times when operating above 30,000 feet. This requirement becomes of

prime importance when emergency descent from altitude is considered.

Figure i0 illustrates this point by showing the descent capabilities of

the test airplane utilizing two different techniques. Descent performed

with the normal technique, represented by the solid line, utilized a

throttle chop T (at time zero) and extension of landing gear G. The

emergency technique, represented by the dashed line_ was performed with

a throttle chop, extension of landing gear G, and opening of speed

brakes B. Also shown is a curve representing the time for personnel

unconsciousness at a given altitude upon complete loss of cabin pres-

surization. It can be seen that when the airplane cruises at an initial

Mach number M I = 0.88 at an altitude of 35,000 feet 3 more than 30 sec-

onds of throttle at idle were necessary before gear-down speed was

reached. When this time is compared with the 30 seconds shown for loss

of consciousness at this altitude, any time saved in using all drag

devices is of great importance. Had it been possible to lower the

landing gear at cruise speed, the descent curve could possibly remain

within consciousness levels. For the emergency descent initiated from

an altitude of 40,000 feet, maximum speed attainable was below gear

placard speed and consequently the gear could be lowered immediately.

The emergency descent technique provided rates of descent up to

about 9,000 feet per minute, which is a marked improvement over the

normal technique_ however, the buffeting, noise, and objectionable air-

plane attitude associated with this technique would obviously limit

its use to emergencies only.

Supersonic Pass Evaluation

Some question has existed regarding the effects on a large Jet

transport resulting from the passing of another aircraft in close

proximity at supersonic speeds. An evaluation of this potential prob-

lem area was performed with the test airplane, which was flown at an

altitude of 35_000 feet and a Mach number of 0.8. An overtaking

fighter airplane was used to generate the supersonic flow field. Data

were obtained from a pass of the supersonic airplane flying 500 feet

directly below the test airplane at M = 1.2 and then from a lateral

pass with 500 feet of separation at M = 1.8. In neither instance did

the test airplane experience any measurable changes in angle of attack

or sideslip. For the underneath pass, the normal-acceleration excursion

was ±O.05g. For the lateral pass, the vertical-tail load was less

than 1 percent of the design limit load. In both cases the pilot could

barely detect the passing shock wave.
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CONCLUDINGR_RKS

The following conclusions are based on a flight evaluation of the
problems that could affect operation of jet transports in the transonic
region:

1. Unstable control characteristics encountered in the transonic
speed range are controllable if the magnitude of force reversal and
rate of speed change are moderate. From the pilot's viewpoint, it
would be highly desirable to provide someautomatic device to give
stable trim control-force variations in the transonic region; however_
with such automatic device inoperative, the basic airplane force vari-
ation with speed should be no greater than about 40 or 50 pounds.

2. A normal operating Machnumberapproximately 0.03 below that
for level-flight buffeting is recommendedto provide an adequate maneu-
vering range.

3. A slight reduction in longitudinal stability can be tolerated
because of the slow pitch rates involved.

4. From the viewpoint of airplane controllability and passenger
comfort, it is believed that lateral-directional damping should be
sufficient to dampany oscillation to half amplitude within 3 or
4 seconds.

5. A roll rate of 0.2 to 0.3 radian per second was found to be
adequate for normal high-speed maneuvering.

6. Inasmuch as a potential exists for exceeding maximum-speed
design limits, especially at lower altitudes where warning provided by
such phenomenaas buffeting is not present, it is recommendedthat a
horn or other device be provided as a warning to the pilot.

7. An upset maneuver induced by stabilizer input, which was Judged
to be a realistic evaluation maneuver, provided a speed increment of
the order of lO to 15 knots, and recovery from this maneuverwas
readily effected.

8. In order to perform optimum slow down or descent such as might
be required for emergencyconditions, extension of the landing gear to
provide drag at all operational speeds above 30,000 feet is recommended.
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A COMPENSATED STATIC-PRESSURE TUBE FOR

FUSELAGE-NOSE INSTALLATIONS

By William Gracey and Virgil S. Ritchie

Langley Research Center

_Y

A static-pressure tube designed to compensate for the position

errors of fuselage-nose installations in the subsonic speed range is

described. This type of tube has an ogival nose shape with the static-

pressure orifices located in the low-pressure region near the tip. The

results of wind-tunnel tests of these compensated tubes at two distances

ahead of a model of an aircraft showed the position errors to be com-

pensated to within 1/2 percent of the static pressure through a Mach

mnnber range up to about 1.O. By a refinement in the location of the

orifices, the compensation was extended into the supersonic speed range

up to a Mach number of 1.18. The effect of angle of attack on the

errors of the compensated tubes is also presented.

INTRODUCTION

As the cruise speeds of transport aircraft are extended into the

transonic and supersonic speed ranges, the altitude errors due to the

static-pressure source will, in general, become very much larger than

those for subsonic speeds. This will be particularly true for fuselage-

nose installations, the errors of which can reach enormous proportions

Just prior to the passage of the fuselage bow wave. The fuselage-nose

installation, on the other hand, is most desirable for supersonic opera-

tion because, once the fuselage bow wave has moved to the rear of the

static-pressure tube, the tube becomes isolated from the flow field of

the aircraft. In order to realize the advantages of the fuselage-nose

installation in the supersonic speed range, the Langley Research Center

has been investigating the possibility of developing a static-pressure

tube which would compensate for the position errors of nose installa-

tions in the subsonic speed range. The results of this investigation

will be discussed following a review of some aspects of the altitude-

measuring problem.
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SYMBOLS

_h30,000

P

M

X

d

D

altitude error at 30,000 ft

static pressure

Math number

distance from nose of tube to orifice

maximum diameter of tube

maximum diameter of body

DISCUSSION

Figure i shows the allowable tolerances for the altitude errors

due to the static-pressure source as specified for civil and military

aircraft. In this figure the altitude error Zkh at an altitude of

30,000 feet is plotted as a function of Mach number M. At a Mach num-

ber of 0.9, the Math number range where the new jet transports will be

operating, _he tolerance for civil aircraft is ±900 feet and that for

military aircraft is i230 feet. When these errors are compared with

the vertical separation minimums which, for reciprocal headings, are

1,000 feet for altitudes up to 29,000 feet and 2,000 feet for the alti-

tude range above 29,000 feet, it will be apparent that the civilian air-

craft allowance is too large for both l,O00-foot and 2,0OO-foot minimums

and that the military aircraft allowance is probably too large for

1,000-foot minimums, especially when it is considered that this is only

one of the errors that determine the accuracy of the altitude measure-

ment. In view of this situation, the International Civil Aviation

Organization (ICAO) has recommended a tolerance of ±50 feet for all

speeds and altitudes. This tolerance represents a degree of accuracy

which would be difficult to achieve with present-day instrumentation

and techniques. A more realistic value, for the present time, would be

a tolerance of ii/2 percent of the static pressure. This value corre-

sponds to an altitude error of 140 feet at sea level, ii0 feet at

30,000 feet, and about i00 feet at 60,000 feet.

Figure 2 shows the calibrations of representative static-pressure-

tube installations on the fuselage nose, the wing tip, and the vertical

fin. Again, the altitude errors at 30,000 feet are plotted as a func-

tion of Mach number. For each of the three installations, the errors

increase rapidly in the high subsonic speed range and reach peak values

J

I
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Just prior to the passage of the bow waves. At this point the error of

the fuselage-nose installation becomes that of the isolated tube, which

for this case is assumed to be zero. The errors of the wing and fin

installations, on the other hand, continue to vary by large _lounts in

the supersonic speed range. The large increase for the wing installa-

tion is due to the rearward bending of the fuselage bow wave; once this

bow wave has moved to the rear of the static_pressure tube, the error

of the wing installation becomes that of the isolated tube, which is

again assumed to be zero.

As an aircraft would not be expected to cruise for any length of

time in the Mach number range around 1.O, it is believed that, from the

standpoint of vertical separation, the aircraft operator will be mainly

concerned with the altitude errors in the Mach number range up to 0.9

and in the Mach number range above 1.1. On this basis, the errors of

these installations at a Mach number of 0.9 are lO0 feet for the fin

installation, 400 feet for the wing installation, and 1,O00 feet for

the fuselage-nose installation. In the Mach number range beyond 1.1,

the error of the nose installation is, of course, zero. The errors for

_nis particular fin installation reach values of about 600 feet and the

errors for the wing installation reach values of abo_t 2,800 feet.

Figure 3 shows the calibrations of a number of fuselage-vent

installations. These calibrations were chosen to show that the errors

of vent installations at subsonic speeds may be either positive or nega-

tive, this result being in contrast to the errors of the static-pressure-

tube installations (fig. 2) which, at subsonic speeds above the stall

region, are in all cases negative. At a Mach number of 0.9, the errors

range from -300 feet to 700 feet, and in the Mach number range beyond

1.1 the errors are about 1,300 feet and 1,700 feet.

It will be apparent from the magnitudes of the errors of these

installations that some means must be found to reduce the static-

pressure errors if altitude errors on the order of lO0 feet are to be

achieved. The static-pressure errors may be minimized in any one of a

number of ways: (1) by the use of an electro-mechanical compensator

which computes the error and applies a correction before the altitude

indication is displayed, (2) by the use of two static-pressure installa-

tions (for example, it would be possible to use a fin installation up

to a Mach number of 0.9 and then, at supersonic speeds, to switch to a

fuselage-nose boom which, in this case, could be relatively short), and

(3) by changing the local pressure at the static-pressure source to

values corresponding more closely to free-stream values.

As shown on figure 4, the last method can be applied to fuselage-

nose installations by the use of a novel form of a static-pressure tube.

This tube has an oglval nose shape with the static-pressure orifices

located in the low-pressure region near the tip. The two curves on this
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figure represent the position-error variations, as determined by wind-
tunnel tests, at two positions ahead of a model of an aircraft configu-
ration. The position error Z_p is presented as a fraction of the
static pressure and is plotted as a function of Machnumber. By the
proper combination of nose shape and orifice location, it is possible
to produce a static-pressure-error variation with Machnumberwhich will
be a mirror image of the position-error variation at a given position
ahead of the fuselage. The results of the tests of the two tubes at
distances of 0.27 and 0.95 fuselage diameters ahead of the fuselage nose
are shownby the symbols along the zero-error line. These results show
that, even for positions as short as 0.27 fuselage diameter, the posi-
tion errors of the fuselage can be compensatedto within 1/2 percent of
the static pressure throughout the subsonic speed range. It should be
noted that, after the passage of the fuselage-bow shock, the error for
the long-nose tube falls to a negative value. The reason for this is
shownon figure 5.

Figure 5 presents typical pressure distributions along the nose of
the tube at subsonic and supersonic speeds. On this figure the static-
pressure-error coefficient Ap/p is plotted as a function of the dis-
tance x/d along the tube. For the position of the orifices on the
tube shownin figure 3, the error at subsonic speeds is negative (as is
required for compensation) and the error at supersonic speeds (which
would be that of the isolated tube) is also negative. If the orifices
had been located at a position of about 2.7d, the error at subsonic
speeds would have about the samenegative value as at x/d = 5 and the
error at supersonic speeds would be zero. Although a tube with the
orifices at 2.7d was not tested on a fuselage-nose installation during
this investigation, the long-nose tube shownin figure 4 was altered by
locating three sets of orifices in the region near x/d = 2.4; thus, the
positive pressure at these orifices would balance the negative pressure
of the rear set of orifices (x/d = 5) and would produce a zero error at
supersonic speeds.

The results of tests of this tube are shown in figure 6. The curve
in this figure represents the position-error variation at a distance of
about i fuselage diameter ahead of the model aircraft. The results of
the tests of this tube, as shoE-by the symbols along the zero-error
line, showthe position errors to be compensatedfor throughout the
subsonic speed range and, at supersonic speeds, the error of the iso-
lated tube to be within ±i/2 percent of the static pressure for Mach
numbersup to 1.18, the limiting Machnumber for these tests.

The effect of angle of attack on the errors of these static-
pressure tubes is shownin figure 7. For this case the static-pressure-
error coefficient is plotted as a function of the angle of attack of
the tube. The lower curve shows the effect of angle of attack for a
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tube with the orifices encircling the tube. For an angle-of-attack

change of 4° (the variation which would be expected for a level-flight

cruise of about 3,000 miles)# the additional error due to angle of

attack is about 1/4 percent of the static pressure. For a wider range

of angle of attack, the location of two orifices 37.5 ° on either side

of the bottom will extend the range of insensitivity to at least l_ °,

the limiting angle of attack of these tests.

During the course of the investigation in the Langley Full-Scale

Division several additional variables and design features were tested.

(Results of these tests are unpublished.)

CONCLUDING REMARKS

In conclusion, the results of this investigation have shown that

it is possible, by the use of a comparatively simple form of static-

pressure tube installed on a relatively short boom_ to compensate for

the position errors of fuselage-nose installations in the s_osonic speed

range and thus to realize the advantages of nose installations in the

supersonic speed range.
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ELECTROSTATICHAZARDSDURINGHIGH-SPEEDFUELING

By I. Irving Pinkel

Lewis Research Center

INTRODUCTION

The design of high-speed fueling systems for Jet aircraft has
raised concern for fire in the airplane fuel tank ignited by electro-
static sparks. The electrostatic charge that produces these sparks is
generated and transported by the fuel as it flows through the components
of the fueling system to the fuel tank where Jet fuels often establish
combustible atmospheres. Petroleum industry experience indicates that
the high-speed fueling rates being considered for Jet aircraft approach
the values that have caused tank explosions in refineries.

In order to assess this hazard for aircraft, the petroleum and air-
craft industries are cooperating in a study under the Coordinating
Research Council. Their work, so far, has shownthat sparks can appear
in tanks being fueled at moderate flow rates with unaltered batches of
JP-4 fuel which have a greater than average electrostatic activity.
Since the results of this latest work increases our concern, it was con-

sidered desirable to review the basic nature of this problem at this

conference, as it may prove to be an operating problem that the Jet

transport manufacturer and operator must consider. An excellent ref-

erence (ref. l) is now available which presents a complete treatment of

the material of this paper.

DISCUSSION

The problem is discussed conveniently with reference to figure l,

which shows a schematic arrangement of an aircraft ground fueling sys-

tem. This ground fueling system consists of a fuel storage tank, a

pump, a llne to the fuel filter, and a llne to the aircraft tank.

Fuel is charged as it flows by any surface in the fueling system.

The rate of fuel charging increases with the surface area wetted by the

fuel and approximately with the square of the fuel flow speed. This

strong dependence of fuel charging rate on fuel flow speed is one of

the principal reasons for concern in hlgh-speed fueling systems. The

filter is the site of the highest fuel charging rate because of the

large surface area it presents to the fuel and the high velocities

attained by the fuel in its narrow flow passages.
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Appreciable fuel charging also occurs in the fuel lines. The fuel

acquires one charge, either positive or negative, and the inner wall of

the line acquires the opposite charge. Once this charge separation

occurs an electric field is established between the charged fuel and the

line wall. This electric field produces an electric current through the

fuel to the llne wall that tends to reduce the charge carried by the

fuel. The magnitude of the current varies with the electric field

strength between the fuel and the wall and the electrical conductivity

of the fuel. For fuels having the same charging tendency, those with

the highest electrical conductivity are to be preferred because they

discharge most readily by electrical conduction to the line wall.

A plot of the variation of the charge carried by the fuel as a

function of location in the fueling system would then have the general

character shown in figure 2. Starting from the pump, there is a con-

tinuous increase in fuel charge as the fuel flows along the line. If

the fuel line is long enough_ the maximum charge would occur at some

location where the charging rate and discharge rate by electrical con-

duction through the fuel to wall layer would be equal. No further

increases in fuel charge occurs until the fuel filter is reached. In

passage of the fuel through the filter the fuel charge reaches peak

values. The strong electric field that now exists between the fuel

and the line provides a charge relaxation rate by electrical conduc-

tion through the fuel which is greater than the charge separation

rate in the fuel line after the filter. The fuel charge declines with

displacement along the line.

If the line between the filter and tank is long enough, the charge

carried by the fuel will decline to the maximum that the line alone

would have developed without the filter. If this line is short, then

the fuel carries the high filter-outlet charge into the tank.

As the tank fills with charged fuel_ an electrostatic field

develops between the fuel and the metal tank. This field increases

with the height of the fuel level in the tank. If the tank fills

slowly_ appreciable fuel charge can leak to the tank wall by conduction.

If the filling is rapid_ less relief is obtained by charge conduction.

The electrostatic field 0etween the fuel and the tank exists whether

or not the tank is grounded. In the ungrounded tank, the charge appears

on the tank wall by induction according to the schematic arrangement of

figure 3. Assume that the fuel carries a negative charge. Then posi-

tive charges are attracted to the inside tank surface and negative

charges are repelled to the outer surface. The field between the fuel

surface and the inner tank wall may exceed the breakdown value and a

spark may jump through the gas space. If there is enough energy in

the spark, it will ignite a comoustible atmosphere in this gas

space above the fuel.



measures can be taken. Someof these are illustrated in figure 4 which
shows a schematic representation of a fuel system. In the system shown,
the fuel filter is separated by a long length of line from the tank to
allow time for charge relaxation by electrical conduction through the
fuel before the fuel enters the tank. Also shownis a grid of wires
floating on the fuel surface. This grid is electrically connected to
the tank wall. In this way the potential of the fuel surface is brought
close to that of the tank wall and strong electrical fields in the vapor
space are avoided. The practicality of the floating grid for aircraft
use is questionable. Also, a radioactive source can be placed in the
tank to ionize the gas space and increase its electrical conductivity.
This would have the effect of electrically connecting the fuel surface
and the tank wall so that strong electric fields between them will not
develop. This approach is being evaluated by one of the oil companies.
In all probability all measureswould not be required in any one fueling
system.

From the standpoint of the airplane industry, the most desirable
solution would be to remove the constituents in the fuel responsible for
its charging tendency. Unfortunately these constituents are contami-
nants that are present in trace amountsand their removal would be
costly. Also, manyof the contaminants are introduced into the fuel
during storage and transfer after refining. The alternative solution
would be to find acceptable fuel additives that raise the electrical
conductivity of the fuel by a factor of a thousand or more without
increasing the charging tendency significantly. Recently, one of the
oll companies has announcedan effective antistatic additive that is
effective in concentrations of several parts per million in the fuel.
The additive Is a mixture of two salts. Past experience has shownthat
the addition of a single salt to the fuel increases its electrical con-
ductivity and its charging rate to about the samedegree. No real
advantage results from such addition. By using two salts, the electri-
cal conductivity of the fuel is increased many times more than the
charging tendency to produce a net safety advantage.

Before fuel additives can be accepted for aviation, it must be
demonstrated that the additive is not lost by deposition on the walls
of storage tanks or in the filter or by reaction with other additives,
such as corrosion inhibitors. Its suitability in the engine must also
be demonstrated.

CONCLUDINGR_

Work conducted on this problem to date suggests that fuels with
dangerous electrostatic activity occur infrequently. As an interim
solution to the problem it has been recommendedthat an instrument be
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Whenthe tank is ungrounded, the charge on the outside surface of
the tank produces an electrostatic field exterior to the tank. A
grounded conductor accidentally placed close to the outside wall may
draw a spark if this external field is strong enough. If this grounded
conductor strikes the spark near the tank vent where a combustible
atmospheremayexist, the resulting flame mayenter the tank.

This hazard maybe avoided by electrically connecting the tank to
the ground and drawing off the external charge. The charge on the
inside wall of the tank is held in place by the attraction of charges
of opposite sign in the fuel. The electric field within the tank
remains. Grounding does not eliminate the ignition hazard within the
tank.

In the recent cooperative study of the petroleum and airframe
industry, sparks have been detected in a 5,000-gallon laboratory tank
madeavailable by Wright Air Development Center of the U. S. Air Force.
Sparks were obtained whena metal probe extended from the tank wall to
the fuel surface. (See fig. 3(b).) The end of the probe provides a
point of concentration of the electric field which promotes spark for-
mation. A metal can floating on the fuel near the tank wall provided
a spark as well. The can mayrepresent a detached piece of tank instru-
mentation or an object accidently introduced in the tank. The probe
mayrepresent part of the liquid-level-indicating instrumentation or a
nozzle from an overhead fueling line. Other work suggests that the
crests of ripples on the fuel surface produced by the high-speed fuel
stream entering the tank may constitute a point of field concentration
similar to that provided by the probe. A spark may then strike from
the ripple crest directly to the ceiling of a nearly full tank. (See
fig. 3(a).)

The sparks obtained in this study were fouzd to have sufficient
energy for fuel ignition by measuring the strength of the radio signal
emitted by the spark. An aerial within the tank picked up the signal.
The spark itself was observed by a photomultiplier whose light-sensitive
tube was also contained within the tank (not shownin the figure). An
atmosphereof CO2 in the vapor space prevented ignition when sparking
occurred.

In view of these results, a second phase of the cooperative
industry program has been proposed which involves a study of the elec-
trostatic hazard in actual fuel systems of current airplanes. This
work is to be supplemented by studies in small-scale fueling systems
to establish a method for extrapolating results obtained on convenient
small-scale fuel systems to full scale.

In the event that future work with actual aircraft fuel systems
showsthe need for protection from electrostatic sparks, several
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devised to be part of the fueling system which indicates when a fuel

with high charging tendency is being handled. On these infrequent

occasions the operator simply reduces the fueling rate to avoid danger-

ous electrification. The possibility of such a service instrument will

also be explored in the future cooperative program.
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JET-FUELJETTISONING

By HermanH. Lowell

Lewis Research Center

This investigation has had as a principal aim the determination of
minimal allowable altitudes for jettisoning with different jet fuels
under varying conditions. The criterion to be applied is the avoidance
of flammable concentrations of fuel in the air at ground level. As a
practical matter, this meanskeeping the fuel-air ratio below the lean
flammability limit.

The special concern with jettisoning of jet fuels, as distinguished
fromgasolines, arose because evaporation rates for jet fuels were known
to be much less than for gasolines. Therefore, as comparedwith jetti-
soned gasoline, a greater fraction of jettisoned jet fuel will reach
_he ground.

When,however, all the significant factors, including evaporation,
were considered, the conclusion was reached that despite the lower evap-
oration rates of jet fuels little modification of existing jettisoning
practices was actually indicated. The substance of this paper is a
description of the principal elements in the analysis which lead to this
conclusion.

The typical jettisoning situation is shown in figure i. An air-
craft ejects fuel at low or moderate pressure either through two tubes
or along two chutes at a rate sufficient to dumpa major fraction of
the fuel load in some20 or 25 minutes.

Locations of the exit points range from just outboard of each main
wheel well to positions several feet inboard of each wing tip.

Upon contact with the airstream, the fuel stream is broken up into
droplets of varying diameters which are then decelerated to zero air-
speed within a few feet and form a plume, or horizontally extended and
initially narrow cloud, which gradually sinks toward the ground and
spreads both vertically and horizontally. Settling and spreading of
the fuel plume is critically dependent on droplet size distribution.
The relative contributions to the total liquid volume of droplets of
varying diameters are indicated approximately in figure 2. The curve
corresponds to a jettisoning airspeed of about 250 knots. Becauseof
the increasingly violent impact of fuel and air, the average droplet
size will decrease with increasing flight speed during jettisoning. It
will be noted that droplets of about 200 microns diameter (or about
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0.02 centimeter) make the chief contribution to the total volume for

the 250-knot case. A maximum size of about 2,000 microns is indicated.

This distribution estimate is based in part on actual British tests

made a few years ago in which an airplane spilled various liquids

through a nozzle from a very low altitude.

As a fuel plume sinks toward the ground and spreads, the droplets

evaporate as they fall. The most volatile constituents of the fuel are

vaporized most rapidly. The droplet diameters and individual masses

decrease, and droplet composition changes. The fuel vapors are left

aloft as the liquid droplets descend toward the ground, and the total

liquid mass decreases.

It should be noted that in the analytical studies made in connec-

tion with this investigation, one assumption made was that the two

plumes coalesce a short distance behind the aircraft into a single

plume. This simplification was known to be invalid in many situations.

However, this assumption, along with others that were made, was of such

a nature that predicted allowable jettisoning rates should be on the

low, or safe, side.

The matter of flammability is now considered in somewhat greater

detail. No experimental data concerning lean flammability limits are

available for fuel clouds similar to these fuel plumes. For sprays con-

sisting of droplets smaller than those typical of such fuel plumes, a

few experimental data are available. Such data indicate that a lean

flammability limit for a mixture of fuel and air will remain essentially

fixed whether the fuel is in vapor form or liquid droplet form or some

combination for a fixed overall fuel-air ratio.

Therefore, the generally accepted fuel-air ratio of 0.035 was

adopted as the lean flammability limit for all jet fuels. Moreover,

this limit has the same value over a wide range of altitudes. If any-

thing, the lean limit expressed as a fuel-air ratio will actually be

larger when a portion of the fuel is in liquid form.

The problem, then, reduces to the determination of conditions under

which a fuel-air ratio of 0.035 will not be exceeded at ground level

for ground altitudes between sea level and, say, I0,000 feet. There

are three principal factors which determine the actual fuel concentra-

tion at any given altitude.

The first is the quantity of fuel jettisoned per unit distance of

aircraft travel. For example, at an airspeed of 250 knots and a jetti-

soning rate of i00 pounds per second, there would be nearly 240 pounds

of fuel released per 1,000 feet of aircraft travel. The jettisoning

rate cited is slightly lower than the maximum expected for current jet

transports.
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The second factor is the horizontal and vertical spreading of the

droplet plume or cloud as caused both by atmospheric turbulence and b_

varying rates of fall of droplets of differing diameters. The

turbulence-spreading calculations involved concepts, equations, and

numbers which are discussed in some detail in reference i. The effect

of atmospheric turbulence on the spreading of the fuel plume cannot in

practice be isolated from other influences. However, the qualitative

nature of spreading caused by turbulence alone is indicated in figure 3.

Several successive stages in the spreading of a fuel-droplet plume

during a short period after formation are shown. In particular, the

variation of concentration of fuel with distance from the plume center

line is indicated. In general, the curve of fuel concentration tends

to flatten and spread rather uniformly with time under ideal conditions.

The spreading rate increases with increasing severity of atmospheric

turbulence. On a comparatively quiet day, fuel droplets tend to sepa-

rate at speeds below about 3 feet per second, whereas on gusty days the

separation speed may be several or even many times this value. Under

the highly irregular conditions existing near thunderheads or strong

cold fronts, no predictions are possible except that spreading will then

be extremely rapid. It should be explicitly noted that only existing

atmospheric turbulence was considered; aircraft-generated turbulence

(e.g., vortices shed by wing tips) was ignored.

The third principal factor affecting fuel concentration is the

vertical spreading caused by variation of falling speeds among droplets

of differing diameters. Falling speed as a function of droplet diameter

is presented in figure 4. The assumption is made here that no evapora-

tion is occurring; in general, droplets of jet fuels will not evaporate

at significant rates at air temperatures below -30 ° C. It is seen that

falling speeds approach 20 feet per second for the largest droplets (of

about 2,000 microns diameter) but decrease to 2 feet per second at

200 microns and, of course, are much lower for still smaller droplets.

Using these calculated speeds, which do not vary significantly with

altitude below 7,000 feet, the vertical distribution of droplets falling

from 5,000 feet was calculated and is shown in figure 5. It is seen

that 30 minutes after release a lO0-micron droplet will fall less than

i_500 feet, whereas a l_500-micron droplet will fall 5,000 feet in

_2minutes. droplet, perhaps the greatest interest,A 500-micron of

will fall i_600 feet in 5 minutes and will reach the ground in about
13 minutes.

It is again noted that these results apply to the "no evaporation"

or low-temperature situation. When significant evaporation occurs,

these results may be markedly altered.

With evaporation, the droplet diameter decreases as the droplet

falls. Accordingly, the falling speed decreases. This effect is
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illustrated by figure 6. In this figure the effect of evaporation on

distance of fall for droplets of three different diameters is consid-

ered. At each diameter, the vertical position is indicated as a func-

tion of time both for a droplet that is evaporating comparatively

rapidly and one that is evaporating very slowly.

After 5 minutes (300 seconds) the 500-micron droplet has fallen,

at -30 ° C, 1,600 feet; whereas, at 30 ° C, it has fallen only i, i00 feet.

For the larger droplets, the effect of evaporation on distance of fall

is less pronounced.

The effect of air temperature changes on droplet fall is presented

more directly in figure 7. The distance of fall for two periods of

fall is given for droplet diameters of 500, 1,000, and 1,500 microns.

At the end of a lO0-second interval, under the conditions stated in the

figure, relatively little change of distance of fall occurs over the

large temperature range of 30 ° C to -30 ° C. However, at 300 seconds

the distance of fall of a 500-micron droplet varies 50 percent, and the

distances of fall of droplets of 1,000- and 1,500-micron diameters vary

by smaller, but significant, percentages over this temperature range.

Accordingly, one principal effect of evaporation is to alter dif-

ferences in fall rate among droplets of varying diameters. As a result,

vertical spreading caused by differences of fall rates is changed.

Further, the droplets require longer periods to reach the ground, sub-

jecting the fuel plume to turbulent spreading for longer periods.

While the droplet diameter is decreasing with evaporation, the mass

of each droplet is decreasing correspondingly. Since the vapor, as has

been noted, remains aloft, the amount of fuel reaching the ground is

principally that present in liquid droplet form. Therefore, the loss

of mass of a droplet is an important consideration. In figure 8, the

ratio of the remaining mass of a droplet to the original mass is shown

as a function of distance of fall. Such ratios are indicated for drop-

lets having initial diameters of 500 and 1,500 microns and at air tem-

peratures of plus and minus 30 ° C. Clearly, at high temperatures a

considerable loss of mass occurs in the case of JP-4 fuel. For example,

less than lO percent of the original 500-micron droplet is left after a

fall of 1,O00 feet at 30 ° C. Some loss, about 15 percent, occurs at

-30 ° C. In general, such small losses may be ignored.

The very large effect of air temperature change on evaporation

rates and, therefore, on the total liquid fuel present at a given alti-

tude, is indicated more directly by figure 9. The ratio of the residual

droplet mass to the original mass is given in the figure as a function

of air temperature for two distances of fall and for the three droplet

diameters of 500, 1,O00, and 1,500 microns. The very great rate of
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increase with temperature of mass-loss rate of 500-micron droplets is

obvious even in the case of a 500-foot fall. The effect is less pro-

nounced at the larger diameters, but even a l, O00-micron droplet loses

a significant part (more than 20 percent) of its mass during a l,O00-

foot fall at air temperatures at altitude (above -20 ° C), corresponding

to sea-level temperatures higher than -i0 ° C.

A few results have been given from among an extensive set covering

ranges of starting altitude, droplet diameter, air temperature, and

fuel. It is now remarked that at altitudes below i0,000 feet changes

of jettisoning altitude have comparatively little effect on droplet

histories except through changes in air temperature at altitude. The

result is that changes of air pressure and density with altitude may be

ignored for engineering purposes when droplet calculations are being

made. However, the air temperature at jettisoning altitude must be

carefully taken into account because of the effect on evaporation.

Calculations yielding safe jettisoning rate as a function of ground

clearance were made for four different weather situations taking into

account vertical and horizontal spreading. Figure l0 shows the varia-

tions in allowable jettisoning rates with ground clearance for a cold

quiet day, a cold gusty day, a hot quiet day, and a hot gusty day. For

the quiet day, a wind of about 4 miles an hour was assumed. For the

gusty day, a wind speed varying with altitude but having a value of

about 22 miles per hour at 1,000 feet was assumed. Many weather situa-

tions of winter and summer are typified by one or the other of these

selected atmospheres. Weather situations of spring and fall are, of

course, of an intermediate nature. The figure indicates that at an

expected current maximum jettisoning rate of lO0 pounds per second (or

240 pounds per 1,000 feet at 250 knots) ground clearances of less than

100 feet are allowable under the most favorable conditions, that is, in

hot windy weather. However, even under the least favorable conditions,

that is, on a quiet cold day, the ground clearances indicated in fig-

ure lO are very modest. For example, if the aircraft is merely lO0 feet

or so above the ground, no flammable condition should result at ground

level. At jettisoning rates of about 420 pounds per second, or 1, O00

pounds per 1,000 feet at 250 knots, a ground clearance of 300 feet would

be required under these unfavorable conditions. Predictions of this

kind are subject to nature's whims. Random air motions near the ground

decrease the dependability of calculations to such an extent that these

results are not really reliable at ground clearances below, say,

200 feet, particularly in view of the neglect of downwash effects.

Nevertheless, most of the jettisoning rates appearing in the figure

are much higher than any now contemplated, and it appears to be safe to

say that jettisoning at rates expected for current jet transports will

be permissible at ground clearances above 500 feet under virtually all
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atmospheric conditions. It is emphasized that the sole criterion

applied in this investigation was flammability of a fuel-air mixture;

ground contamination was not considered.

In that connection it should be noted that should there be any

substantial accumulation of liquid droplets on any surface at or near

ground level, a hazard may conceivably exist which was not investigated.

Such a condition is considered improbable, but the calculation tech-

niques developed in this study could be applied to that question should

the need arise.
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CRASH-FIRE-PREVENTION SYST_ FOR THE

T-56 TURBOPROPELLER ENGINE

By Arthur M. Busch

Lewis Research Center

BACEDROUND

As part of a continuing study of crash-fire safety for turbine-

powered aircraft, the Lewis Research Center has recently completed an

evaluation of the crash-fire-protection requirements for the T-56 turbo-

propeller in a cooperative program with Allison Engine Division, spon-

sored by the Air Force. This work followed an extensive laboratory and

full-scale-airplane investigation of crashes with turbojet airplanes,

in which it was learned that fuel spilled when the crash occurs is often

ir_ested into the ermine with intake air. This ingested fuel may be

ignited by combustor flames and by some of the hot metal of the engine

interior. The resulting flames issue from the engine tailpipe and

ignite other fuel spilled around the crashed airplane to set the main

fire. As an illustration of this fire-setting process, a motion picture

in color was taken of a crash test of an F-84 airplane conducted during

this study. In these crash tests, the airplane accelerated under its

own power along a runway, where it attained a speed of about lO0 miles

per hour. Barriers at the end of the runway tore open the airplane fuel

tanks and inflicted other structural damage. Wing and fuselage fuel

tanks tore open and spilled fuel that had been dyed red. The fuel

ignited as it was drawn through the engine_ and the tailpipe torching

spread fire to the cloud of fuel engulfing the airplane.

Fire-setting by the turbojet was prevented in this study when means

were employed to extinguish combustor flames and to cool and "inert"

dangerous hot metal parts of the turbojet immediately upon crash.

(Water was the cooling and inerting agent.) The effectiveness of these

means of fire prevention is illustrated in the motion pictures of

another F-84 equipped with a crash-fire-prevention system. Again, the

plane accelerated toward the barrier under the same conditions as the

previous crash. In this crash, however, the fire-prevention system was

actuated at the barrier. Also, instead of fire, steam issued from the

tailpipe. This steam was produced by the water that cools and inerts

the engine interior. No fires resulted and it appeared that similar

protection would work in a turbopropeller engine, because the combustor

flame and hot-metal ignition sources that were found in the turbojet

engine are also present in the turbopropeller engine. However, the

turboprop differed in a few ways from the older turbojets that had been
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studied. The differences are indicated in figure i. A diagram of the
T-56 turbopropeller engine is shownfor comparison with the older J-30
turbojet engine. Both engines have the samepower-section diameter and
about the samemass air flow. The additional stages of the turboprop
compressor produce higher metal temperatures associated with the higher
compression ratio. Notice that the maximumdiffuser temperature was
600° F for the turboprop as comparedwith 350° F for the turbojet.
Becauseof the high temperatures in the rearward stages of the compres-
sor of the T-56 engine, the fuel taken into the engine is preheated
and therefore ignites more rapidly. The combustor sections and the
fronts of the turbines of both engines, however, have similar tempera-

tures. The four-stage turbine rotor of the turboprop has greater mass

and heat capacity than the single rotor of the J-30 turbojet. The

turboprop turbine also has many hidden surfaces which can not be sprayed

directly with cooling and inerting agent. However, the exhaust nozzle

of the turboprop runs cooler (at 900 ° F) than that of the turbojet (at

i,i00 ° F).

If means are provided to shut off fuel flow to the combustors in

a crash in an effort to avoid fire, the propeller stops the coasting

rotor in the turboprop quickly, whereas the unhindered rotor of the

turbojet takes longer to stop. This difference in rates of coastdown

affects the amount of air that is pumped through the engine during

coastdown in a crash. The rapid coastdown of the turboprop is caused

by the air drag of the propeller and an antiwindmill brake in the

turboprop.

Figure 2 shows a comparison of mass air flows of the two engines

as a function of the time after fuel shut-off. Mass air flow in pounds

per second_ is plotted against the elapsed time after fuel shut-off in

seconds. Notice that the turbojet would still be turning and pumping

a few pounds per second when the turboprop had stopped at 45 seconds in

a normal coastdown. A feathered propeller stops rotation and air flow

even more quickly, in 13 seconds. If, in a crash, the propeller were

to drag the ground to a maximum within the stress limits of the gearing,

it is conceivable that air pumping could stop in about i second.

The significance of these air flows in the design of a crash-fire

inerting system lies in the fact that the air not only carries crash-

spilled fuel into the engine, but also helps distribute the water for

inerting within the engine. The continued air flow of the turbojet

makes possible a simpler water-spray inerting system, in which less

water is used, then a comparable turboprop engine.
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EXPERIMENTAL PROCEDURES

With all of the differences between the turboprop and turbojet

taken into account and with a temperature survey of the engine used as

a basis, a crash-fire-prevention system that would quickly stop the flow

of fuel to the combustors and distribute coolant to the hot metal parts

was built for the T-56 engine.

For the purpose of evaluating the effectiveness of the system,

trial runs were made that simulated severe crash fuel spillage. For

these trials, the engine was mounted on a portable test stand consisting

of a stripped C-82 airframe. The mounted test engine is shown in fig-

ure 3. The cargo compartment was used to house the control room. This

three-wheeled test stand allowed the engine to be oriented to various

wind directions, and to be hangared for experimental modifications.

A trial run of the experimental prevention system was conducted in

the following manner: With the test stand and engine tied down to the

run-up apron, the engine temperatures expected in a take-off or landing

crash were duplicated by running the engine at take-off power long

enough to heat it to equilibrium temperatures. Then, at a moment that

corresponds to airplane crash, the crash-fire-protection system was

actuated. The protection system shut off the fuel flow to the combus-

tors and stopped the engine. As the engine coasted down, the protection

system sprayed water on the hot metal inside the engine. During coast-

down, JP-5 fuel was sprayed into the inlet to simulate crash fuel spill-

age. In addition, because fuel can enter the inlet and exhaust after

coastdown in a crash, fuel was also sprayed into both the inlet and

exhaust for 15 minutes after the engine stopped. Because the prelimi-

nary system used in the trial runs was inadequate, the test sprays

caught fire when the turbine rotor surfaces reheated after the system

was actuated. Film sequences of this test showed the engine running at

take-off power until the metal temperatures reached equilibrium.

Shortly afterward, the protection system was actuated; then a cloud of

inerting water and test fuel could be seen to come out of the exhaust

as the engine coasted down. Excess test fuel was seen to pour back out

of the inlet. Motion pictures were also taken of the tailpipe. As the

cloud of water and fuel vapor cleared fire was seen to issue from the

exhaust nozzle. On the basis of information from trials such as these,

the system was modified to a completely effective form so that no fires
occurred in such trials.
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DESCRIPTION OF CRASH-FIRE-PREVENTION SYSTEM

Figure 4 shows a diagram of the final system that had a consistent

ability to prevent all fires in trials of this kind. In the design of

this system, the aim was to provide econon_y of water and simplicity of

installation. This protection system for the inside of the engine must

both extinguish the combustor flame and inert the hot metal until it is

cooled. For this purpose, a combustor fuel shut-off and two types of

water-spray systems were used.

Fuel flow to the eombustors is stopped at the fuel shut-off and

drain valve. This valve also opens the engine fuel manifold to an over-

board drain and allows the gas pressure in the combustors to blow the

fuel back out of the manifold. The flame is extinguished in less than

0.i second, by preventing the fuel nozzles from dripping.

The type of water system needed to inert and cool the hot metal

in the initial part of the coastdown, while the air flow is great,

consists of high-rate sprays which cool the thin, hot metal of the com-

bustion section. Thirty-five pounds of water is discharged in i0 sec-

onds. Two simple orifices discharge water on the last stage compressor

rotor blades ahead of each of the six combustors. Another simple ori-

fice, housed in the strut-fairing between each combustor, discharges

water against the diffuser-inner-fairing. The air flow picks up the

water from these two sets of sprays and carries it to most of the com-

bustor outside surfaces. A small nozzle sprays water on the outside of

each combustor in this zone of slow air flow. These three groups of

water sprays, supplied from a single, pressurized tank, completely wet

the outside of the combustors.

A low-rate, long-duration type of water spray was needed on the

massive turbine rotor and rear bearing support structure. The large

heat capacity of the rotor and support structure will reheat the sur-

faces to ignition temperatures if the sprays are stopped too soon.

Nozzles at the front and rear of the rotor and at the inner and outer

surfaces of the support structure spray 9 pounds of water on these sur-

faces over a 90-second period. In addition, 8 pounds of water is

sprayed for i0 minutes through three nozzles in one location in the top

of the turbine casing and onto the turbine rotor to provide cooling and

inerting steam. The water required in the turbine-section systems is

modest because some protection is provided by water from upstream sys-

tems entrained in the coastdown air flow. With such a crash-fire-

protection system installed, 20 consecutive successful trials of this

system, using this total of 52 pounds of water, were made.
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DESCRIPTION OF ALTERNATE SYST_

The installed weight and complexity of the crash-fire-prevention

system just described (fig. 4) could be reduced by substituting the

flight-fire extinguishing agent, already carried in the nacelle, for a

portion of the cooling and inerting water. Such a modification of the

water system was studied. (See fig. 5.) The flight-fire extinguishing

agent used was bromotrifluoromethane (CBrF3). The 8 pounds of water

and the three nozzles which spray through the turbine casing and onto

the rotor, plus the 2 pounds of water from the 9-pound tank, are

replaced at no weight penalty to the airplane by i0 pounds of CBrF3,

applied over a lO-minute period at the front and rear of the rotor.

This combined system of water and CBrF3, which used only 42 pounds of

water instead of 52 pounds, also gave consistent protection up to

15 minutes after the system was actuated. This use of the flight-fire

agent for the crash-fire system does not prevent its use for flight

fires.

CONCLUDING REMARKS

The systems that have been described provide protection only from

ignition sources inside the engine. Although a few exploratory severe

fuel-spray tests on the outside surfaces of this engine indicated that

these surfaces are not likely to start fires when there is air circula-

tion, both the exterior of the engine and any exhaust duct should be

subjected to fuel-spray trials in the air flow and temperature environ-

ment provided by the airframe in which they are installed.

As regards the crash-fire protection for the rest of the airplane,

previous crash experience showed that the electrical systems must be

shut off at the moment of crash, and auxiliary equipment that may have

hot surfaces during a crash must also be inerted and cooled. Finally,

some means must be provided for actuating these crash-fire prevention

systems. Because of reliability considerations, manual actuation is

favored at present.

In conclusion, the technique of shutting off the fuel flow to the

combustors and of cooling and inerting the hot metal surfaces may be

applied to other high-cozpression multistage turbine engines to prevent

them from setting crash fires.
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JET-TRANSPORT DITCHING CHARACTERISTICS

By Lloyd J. Fisher and William C. Thompson

Langley Research Center

INTRODUCTION

Since the jet-transport airplane is approaching general use, an

evaluation of its ditching characteristics has been made. Particular

emphasis has been placed on rough-water behavior and on ditching aids.

Ditching is a hazardous operation at best and a reasonable effort to

minimize its dangers seems to be Justifiable in light of the large num-

ber of passengers that might be involved. The ditching characteristics

of an airplane typical of present jet-transport designs were investi-

gated with a dynamic model. The model is shown in figure 1. Various

configurations were investigated including the landing gear retracted

as shown, the landing gear extended, several ditching aids, and a condi-

tion in which the fuselage breaks or separates into two parts. Scale

strength parts such as bottom sections, flap attachments, and wheel and

engine struts were used throughout the investigations to determine dan-

ger pOints with regard to behavior and to safety. These parts are

designed so that they break under loads which are the best estimates

available of the strength of the airplane.

DISCUSSION

The effectiveness of damage simulation is the key to the model

investigations since indications are that it usually is not the accelera-

tions that personnel must take during a ditching but rather the water

rushing into the fuselage through the damaged areas during the high-

speed portion of the run or the airplane sinking before personnel have

time to evacuate that cause the loss of life. Consequently, ways of

minimizing the damage in a ditching are desired. The landings to be

discussed are typical landings from a number of runs and simulate a

weight of 225,000 pounds, a landing attitude of 12 °, and a horizontal

speed of 120 knots with flaps full down. The data were obtained from

visual observation, motion pictures, and accelerometer records. When

the model was ditched in calm water with the landing gear retracted, the

run was fairly smooth, 4g accelerations occurred, and some damage resulted

to the scale-strength bottoms. Typical damage in a calm water ditching

is shown in figure 2. A large hole was torn in the bottom of the fuse-

lage but the damage was mostly confined to the aft fuselage. Some of the

engines were lost and the landing flaps failed. The engines frequently
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break off and the flaps fail in a ditching but these engine and flap

failures are not usually detrimental. In landings in waves 4 feet

high (full scale) with the gear retracted, the run was relatively short,

the model was buffeted heavily by the waves, accelerations were fairly

high, and considerable damage to the fuselage bottom resulted. Typical

bottom damage is shown in figure 3. Almost the entire bottom was torn

away and much more damage occurred than in a calm water landing. Under

slightly different approach conditions or sea conditions less damage

might occur but even much less damage would still be serious.

Another possibility of damage which has been mentioned frequently
in recent months is the case in which the fuselage breaks apart, that is,

separates into two sections. In order to simulate such a condition

(fig. 4), the model was cut apart just aft of the wing and then held

together with approximately scale-strength attachments. It was dif-

ficult to get a meaningful reading on the strength required to break

the attachments because, if the model landed very slightly yawed, one

side attachment would break and the other attachment would lose effec-

tiveness. In landings at this condition the aft fuselage broke off and

sank quickly while the nose and wing section continued on for a short

run. It is possible that such an airplane would break apart and typical

behavior would be as shown in the model tests but it is difficult to

predict the possibility of breakage from the model tests. Breakage

would depend to a large extent on how much bottom damage occurred, and

how the landing was made; that is, a swerve in landing would increase

the chances of breaking the fuselage apart. The precise strength of the

full-scale airplane is also hard to obtain.

What may be expected in a rough-water ditching of a large jet

transport has been seen and it is not very encouraging. A procedure or

device is needed to prevent the severe damage to the airplane during

rough-water ditching. A possible procedure that has always had some

advocates is the extension of the landing gear. (See fig. 5.) In the

model tests the gear was attached with a scale-strength shear pin in the

drag link so that the gear would pivot about the upper end of the strut

but would not tear completely off when the shear pin failed. The

strength of the main gear was found to be marginal; that is, sometimes

the gear failed and sometimes it did not but the nose gear always failed

in the model tests. The data are, therefore, divided into two parts

depending on whether the main gear failed. In a ditching when the

extended main gear did not fail, a dive always resulted. Accelerations

of 4 or 5g were experienced and the landing run was very short. The

damage that occurred is shown in figure 6. A large hole was torn under

the nose portion of the fuselage. This would result in the entire fuse-

lage being flooded in the dive even though there was little damage to

the aft fuselage. The wing and upper fuselage are overstrength in the

model tests but in a full-scale ditching the wing might tear off or the

fuselage break apart or the airplane submerge and stay down. A dive is
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the worse thing that can happen in a ditching and is indicative of a

catastrophe. In a landing in which the landing gear failed, the model

did not dive but ran deeply. The accelerations were about 5g and the

run was fairly smooth. Figure 7 shows that considerable damage occurred

to the bottom in the aft fuselage as well as in the forward fuselage.

There is also a fairly large hole in the midsection.

The wheels-down landings were made to see whether ditching behavior

could be improved by this method. The damage may have been lessened

but the possible motions in a ditching were worsened. In other words,

the airplane might dive with the accompanying hazards to pilots and

passengers and, even though the aft fuselage might not be damaged as

severely as when the wheels are retracted, the large inflow of water

through the damaged nose during the dive would be very hazardous. When

the landing gear failed, the motions were not so severe but the damage

was about as dangerous as when the gear was retracted. Consequently,

there appears to be little to gain and much to lose in a wheels-down

landing.

Indications are that there is no easy way to take care of the

rough-water ditching problems of the large jet transports of today.

For a safe ditching_ bottom damage must be minimized. Slight increases

in strength are not enough to prevent excessive damage; a higher order

of strength over the entire fuselage bottom is necessary and this

increase in strength would result in large weight penalties. The

ditching aid certainly is not an easy solution either, but it is a solu-

tion since adequate bottom strength is not feasible. Some small, and

therefore highly loaded, hydrofoils and hydro-skis have been investi-

gated. The aids to be discussed have been minimized in size; that is,

the size is the minimum acceptable from the standpoint of behavior or

damage. Figure 8 shows a supercavitating hydrofoil installed on the

bottom of the model. The foil is relatively small, being about 27 square

feet in area. The outstanding physical characteristics of the foil are

a sharp thin leading edge and a highly cambered bottom, and in this

installation dihedral has been used to reduce the impact forces since

tests without dihedral indicated a tendency to bounce. In a landing

with this hydrofoil the run was fairly long and very Smooth, and the

accelerations were low. Figure 9 shows the damage for this condition.

Moderate damage occurred just aft of the hydrofoil due to the wake from

the foil. This damage is considered to be moderate in spite of the size

of the hole because the stringers and bulkheads are intact and only the

skin is broken. It is believed that the floor of the passenger com-

partment would retain its integrity with this skin damage since the

water force is apparently relatively small and not from solid water.

Damage with the hydrofoil was less than that in the wheel-up or -down

conditions but was not completely eliminated. If the damage elimination

is necessary, it could be accomplished with a larger hydrofoil or longer

strut but the retraction problem would be greater.
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Figure i0 showsa twin hydro-skl installation. The loading of the
ski has been greatly increased in recent work, and in the present instal-
lation an area of about 45 square feet for each ski worked very well.
In a landing with the skis the model madea very smooth run, the accel-
erations were low, and the behavior was good. The skis held the model
clear of the waves until a .low speedwas reached. Typical damageis
shown in figure ii. Very little damageoccurred but there are small
holes here and there.

Table I is a summarychart which gives a quick comparison of the
data presented. The normal accelerations vary from about 4 to 6g in con-
ditions at which major failures occurred to about 3g with the hydrofoil
or hydro-skis installed. The longitudinal accelerations vary from about
6g with major failures to about 3/4g with the ditching aids. The length
of landing runs varies from about 300 feet or 2 fuselage lengths when
the extended landing gear caused a dive to about 1,200 feet or lO fuse-
lage lengths with the ditching aids. And, most important of all, the
damagevaried from most of the bottom being torn away in the gear-
retracted configuration to very little damagewith hydro-ski-installed
configuration. As pointed out previously, accelerations of the order
obtained are not as important with regard to ditching survival as the
amount or the location of damageof the behavior whenviolent.

CONCLUDING_K

Thus, the ditching characteristics of a large Jet transport can
be very severe in waves of moderate size but are acceptable if suitable
equipment is used.
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CONFIGURATION

GEAR RETRACTED

GEAR EXTENDED-
DID NOT FAIL

GEAR EXTENDED-
FAILED

DIHEDRAL
HYDROFOIL

TWIN
HYDRO- SKI S

TABLE I

SUMMARY CHART

VIAXIMUM ACCELERATION,
g UNITS

NORMAL I LONGITUDINAL

4-6

3
4

LENGTH OF
RUN, FT

REMARKS

DEEP RUN
MOST OF BOTTOM

TORN AWAY
575

DIVED
300 LARGE HOLE UNDER

NOSE

DEEP RUN
460 SEVERAL LARGE HOLES

1,100
SMOOTH RUN
MODERATE HOLE AFT

OF FOIL

SMOOTHRUN
1,280 VERY LITTLE DAMAGE

j •
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- 
JET TRANSPORT MODEL 

Figure 1 

CALM-WATER DAMAGE WITH G E A R  RETRACTED 

%, 

Figure 2 
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ROUG 

Figure 3 

BROKEN FUSELAGE 

Figure 4 
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Figure 5 

DAMAGE WHEN GEAR DID NOT 

Figure 6 



EN GEAR FAILED 

Figure 7 

DIHEDRAL HYDROFOIL 

Figure 8 
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Figure 9 

Figure 10 



DAMAGE WITH HYDRO * SKIS 

Figure 11 
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AIRCRAFT MAINTENANCE AS A POSSIBLE FACTOR

IN SOME TYPES OF FLUTTER

By Dennis J. Martin

Langley Research Center

INTRODUCTION

There has been an intense effort by the airframe manufacturers to

_ _rp]_n_ _ A.-r'_ _ree _'rom flutter. In this _aner some of
0 .................................. _

the hidden factors involved in the flutter solutions are reviewed and

the importance on flutter of some of the factors that might be affected

by maintenance is indicated. For example, some of the factors are loose

or missing balance weights, slack cables or free play within a control

system, an inoperative or defective damper, condensation or ice forma-

tion in a control, fuel distributions, and others.

DESCRIPTION OF FLVITER

Flutter may be considered to be an oscillation that arises when the

damping in a mode of vibration vanishes and becomes negative. Figure 1

illustrates a typical way in which the damping in a mode of vibration

varies with airspeed. In most cases there will be an increase in the

damping as the velocity is first increased. As indicated by the decre-

ment plots, as the velocity is increased an oscillation, if started,

will die out more quickly until the velocity is reached where a reduc-

tion in the stable damping is found. As indicated by the decrement plot

at that velocity, an oscillation, if started, will persist for a longer

time. At the flutter point the damping has decreased to zero and an

oscillation is self-excited; with a very slight increase in velocity

the oscillation will start by itself and grow in amplitude until the

structure is destroyed. The flutter point exists for all aircraft;

however, aircraft are designed so that the flutter point is above the

maximum operating conditions. As transonic speeds are approached,

the margins between the maximum operating conditions and the flutter

point decrease and closer attention must be directed to certain factors

or quantities that can be altered as a result of extended operation or

maintenance by an amount that might lower the flutter point into the

range of operation of the aircraft and result in a flutter accident.

It is of interest to indicate the relation of figure i to flight

flutter testing. The test flight of an aircraft rarely extends to the
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flutter point. The attempt is usually made to examine a significant

flutter variable, for example, the damping in the various modes of

vibration as the speed is increased toward the flutter speed. It is

hoped that the damping data can be extrapolated to obtain the neutral

damping point and that the tests can be terminated prior to reaching

the point where the damping vanishes. The damping may be measured, for

example, by inducing oscillations by means of a shaker or a sharp pulse

on a control member. The oscillations and the decrements are measured

by a wide range of methods ranging from complex instrumentation to

estimates obtained from vibrations felt through the seat of the pants

or through the control column. The damping trend shown in figure i is

for a well-behaved case. The danger is always present that a type of

flutter will occur that cannot be accurately extrapolated and that the

flutter point will be inadvertently reached with probably disastrous

results.

IMPORTANCE OF FLUTTER

The flutter-problem areas of present-day transports are closely

related to the flutter troubles that have plagued recent military air-

craft, the forerunners of transports. Figure 2 shows the reported num-

ber of military-aircraft types that have had flutter incidences in two

recent 4-year periods (ref. i). The data for this figure are incomplete

since many flutter incidences are known that are not reported. There

may have been more than one incidence on any one type of aircraft; how-

ever, it is given only one entry in figure 2. This figure does not

necessarily reflect flutter troubles that were related to maintenance.

The flutter incidences occurred during aircraft development and were

subsequently corrected. The totals for the number of incidences indi-

cate that flutter problems are becoming more severe and that controls

are particularly troublesome. Some characteristics of controls can be

affected by maintenance; hence, this paper will deal mainly with con-

trols. The quantities affecting tab and tail flutter are similar to

those affecting control-surface flutter and, in general, the maintenance

rules will be found to be similar. Wing flutter is not generally

affected by maintenance, since an airplane wing that initially was

designed with characteristics that provided an adequate margin of safety

from flutter is unlikely to undergo changes later as a result of extended

service or maintenance that would not first be critical from aspects

other than flutter. Some effects on wing flutter of fuel distributions

and added masses will be given.
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FLUTTEROFCONTROLSURFACES

Fortunately, control-surface flutter is not always destructive.
Frequently, the oscillations can be endured for a few seconds while the
aircraft is being slowed so as to depart from the flutter condition.
There are two types of flutter in which a control surface plays a dom-
inant role. One is a coupled flutter in which the control surface inter-
acts strongly with a motion of the fixed surface. This type is fre-
quently destructive. The second is a flutter in which the control oscil-
lates by itself, usually at transonic speeds. This latter type is often
called "buzz" and is frequently not destructive.

are listed in table I. Four important flutter factors that maybe
affected by maintenance are given as follows:

(i) The control natural frequency

(2) The control mass balance

(3) The free play or "slop"

(4) The damping

Frequency and Balance

An example of some of the effects of the first two factors given

in table I, natural frequency and mass balance, upon the flutter char-

acteristics is shown in figure 5. (See ref. 2.) The curves are flutter

boundaries calculated for a case involving three degrees of freedom:

wing bending, wing torsion, and control-surface rotation. A lower flut-

ter speed is indicated when the control-surface natural frequency is

near the wing torsional frequency for both the underbalanced and over-

balanced control. As an example, if the maximumvelocity of an airplane

were at a value indicated by point A, the underbalanced control would

not be safe from flutter for a range of control natural frequencies near

wing torsion. For the same velocity, the frequency of the overbalanced

control would not be critical. 0nthe other hand, if the velocity were

at a value indicated by point B, the overbalanced control would be

acceptable only if the control natural frequency were held at a rela-

tively low value or at a value well above wing torsion. It is difficult

to acquire unpowered controls with natural frequencies as high as wing

torsion; hence, the operating point would usually be on the lower por-

tion of the curve. A failure of any part of the control system would

result in a free-floating control and its frequency would decrease

toward zero; however, the control would remain flutter free. For higher
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velocities, powered systems may be used and the frequencies are usually

higher than wing torsion. Failure of the control system in this case

would be unfavorable; hence, parallel powered systems are usually used

so that the control surface will be flutter free even though one system

completely fails. A study of figure 3 indicates that the factors that
determine the flutter of control surfaces combine in a complex manner.

Under some conditions a specific quantity may have only a small influence,

whereas under similar circumstances the same quantity may exert a critical

influence.

Table I lists some of the factors that may change the control natural

frequency or mass balance. The control stiffness strongly affects the

frequency and may be changed because of slack cables and weakened or

loose push rods or brackets. Air entrapped in the servo or hydraulic

system may be particularly troublesome since it is difficult to detect

without a ground vibration test. Air in the servo may cause an appreci-

able reduction in the natural frequency before a softening of the control

can be detected. Failure of any link in the control system will cause a

large reduction in frequency. Added weights affect the frequency as well

as the mass balance, and flutter accidents have occurred because of con-

densation inside a control which had clogged drain holes. Ice formation

not only affects the controls aerodynamically but may cause large changes

in the mass balance as well as the frequency. Collection of dust has not

only been responsible for clogged drain holes but there are cases where

crop dusters have accumulated enough dust within the controls to change

the _ss balance sufficiently to cause flutter. Balance weights are

usually designed with very large safety factors; however, the supporting

brackets, bolts, and so forth have fatigued because of, for example,

engine vibration, and the loss of one balance weight or even a loose

balance weight has caused flutter. As a matter of interest, private

owners of light aircraft have induced flutter by applying several coats

of paint to a control without checking the mass balance. Although there

are no reported incidences in the case of metal controls, there are many

cases where the addition of several patches on the old fabric-covered

controls has brought about a flutter condition. The addition of any

weight to a controlsurface should be treated with caution and the mass

balance should be carefully checked to see that it remains within the

manufacturers' tolerances.

Free Play

Free play or "slop" is an important parameter of controls and tabs.

Figure 4 illustrates one effect of free play on a case of flutter

involving three degrees of freedom: control-surface rotation, wing

bending, and wing torsion. (See ref. 3.) In figure 4 the flutter speed

is plotted against disturbance level (e.g., such as might be encountered

while flying through a gust or very rough air). For the simple linear

system without free play, the diagram indicates that, as a moment is
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applied to the control surface tending to rotate it, a small deflection

results which is proportional to the moment applied. The slope of the

line is a measure of the stiffness of the control system. For the system

with free play, when the control surface is near neutral, a small amount

of control motion is possible without requiring appreciable change in

moment. The amount of motion possible is the free play or "slop." The

flutter speed of the linear system is unaffected by the disturbance

level; however, for a system with free play there is a reduction in the

flutter speed as the disturbance level increases. For this particular

research case, a mild flutter was first encountered and, at large dis-

turbance levels, a violent and destructive flutter was found. Free play

may develop gradually as a result of wear in bolts, bearings, or any of

the fittings. (See table I.) Loose bolts, arising either from wear,

from wrong diameter initially, or from not being tightened properly,

have introduced sufficient free play to cause flutter. Loose brackets,

balance weights, or certain types of servo troubles may introduce

effects of free play. Frequent checks to prevent the free play from

becoming greater than the amount specified by the manufacturer may

prevent a possible flutter accident.

Damping

The effect of increased damping is usually favorable on any type of

flutter; however, for most components, wings, for example, the natural

damping value is fixed by the materials and methods of construction.

In the case of controls the damping can be increased by the addition of

an artificial damper. In figure 5 a case is illustrated in which the

total damping of a control without a damper becomes negative over a small

range of Mach numbers, the amount depending upon the altitude. This is

typical of the single-degree-of-freedom flutter called buzz. As an

example, if a damper is designed for the control and provides the amount

of artificial damping indicated, it will counteract the unstable damping

and the entire speed and altitude range may be traversed without flutter.

The failure or weakening of a damper may permit a flutter oscillation if

flight is attempted over the entire speed range at the lower altitudes.

It is seen in table I that the effectiveness of a damper can be changed

because of weak connections or free play between the damper and the con-

trol, loss of oil, air entrapped in the damper, and leaking orifices.

Dampers have lost oil while exposed to very high temperatures and there

have been instances where someone forgot to put oil in the damper

initially. Methods of determining the effectiveness of a damper require

specialized vibration and measuring equipment and it is difficult to pro-

pose a simple procedure for determining whether a damper is functioning

properly; however, damping is obviously important and the best protection

is to maintain the damper carefully and to inspect it at frequent
intervals.



224

FL_ OF WINGS

As a matter of interest, a few factors involved in wing flutter will

be briefly discussed. Although not generally affected by maintenance,

the wing frequencies and the wing center of gravity can be affected by
the fuel distributions. Some effects of wing natural frequency and wing

center of gravity will be illustrated.

Wing Natural Frequency

A case of wing bending-torsion flutter is illustrated in figure 6.

(See ref. 4.) A large reduction in flutter speed occurs when the tor-

sional frequency is near the bending frequency. Usually the torsional

frequency is considerably greater than the bending frequency; thus,

increasing the torsional stiffness and hence the torsional frequency is

a rule of thumb for increasing the flutter speed. Here again a case can

be illustrated in which the rules might change. For an airplane with a

large external store, the torsional frequency may be less than the

bending frequency and the reverse effect is found. A case has been

recorded where sway braces were added to a fuel tank to reduce the tank

motion due to buffeting and this resulted in flutter. It was found that

the braces increased the torsional stiffness without changing the bending

frequency and this resulted in a lowered flutter speed. This case illus-
trates the rule that built-in stiffness or flexibility should not be

changed because it may be necessary to prevent flutter.

Wing Center of Gravity

Figure 7 illustrates the way in which the flutter speed can be

affected by the center-of-gravity location of an external store. (See

ref. 5.) As the weight or center of gravity of the store is moved rear-

ward, a large reduction in the flutter speed is noted. For different

types of flutter and for different frequency ratios, there are cases

where the reverse effect may be found. The sequence of removal of fuel

from wing tanks, as well as from external tanks, strongly affects the

center of gravity of the store and may produce large changes in both the

bending and torsional frequencies of the wing and, hence, in the flutter

speed. The fuel utilization schedule for some present military aircraft

is necessary to avoid frequencies or center-of-gravity locations that

would produce a lowered flutter boundary. Added masses, if not placed

in prescribed locations, may also adversely affect the frequencies as well

as the center-of-gravity locations and, hence, the flutter characteristics.
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CONCLUDING REMARKB

Effects on control-surface flutter of control natural frequency,

mass balance, free play, and damping have been illustrated. Some of the

maintenance details that might alter these factors have been listed.

Effects of fuel distributions or added masses on wing center of gravity

and wing natural frequency and their effect on wing flutter have been

presented. Although this paper probably has not outlined any new checks

or inspection procedures, it is hoped that there will be a better aware-

ness of some of the factors that have an important effect on an aircraft's

flutter characteristics.
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TABLE I

FACTORS AFFECTING FLUTTER OF CONTROL SURFACES

NATURAL

FREQUENCY

SLACK CABLES

WEAK SUPPORTS

AIR IN SERVO

SYSTEM FAILURE

ADDED WEIGHTS

MASS

BALANCE

CONDENSATION

ICE

DUST OR DIRT

BALANCE WEIGHTS

PAINT

FREE PLAY DAMPING

WEAR IN BOLTS

WEAR IN BEARINGS

WEAR IN FITTINGS

LOOSE BOLTS

LOOSE BRACKETS

LOOSE WEIGHTS

FAULTY SERVO

EFFECTIVENESS

WEAK CONNECTIONS

FREE PLAY

LOSS OF OIL

AIR IN DAMPER

ORIFICES
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VARIATION OF DAMPING WITH AIRSPEED

AIRSPEED

J

Jj' J

--UNSTABLE 0 STABLE

DAM PI N G

Figure i

FLUTTER OCCURRENCES

CONTROLS AND TABS

WINGS

TAILS

OTHERS

TOTAL

1947-1951

_5

;3

1952- t956

y////////////////,_ 32

3

,///////////////////////_ 4,

Figure 2
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EFFECTS OF FREQUENCY AND BALANCE ON
FLUTTER OF CONTROL SURFACES

AIRSPEED

B_

A-

OVERBALANCED

\F\,\\\,\,_. RLUTTE,\__ UNDERBALANCED

NO FLUTTER _ " '

_/-WlNG TORSION

CONTROL NATURAL FREQUENCY

Figure 3

EFFECTS OF FREE PLAY ON FLUTTER OF CONTROL SURFACES

AIRSPEED

M M

WITHOUT ITH
E PLAY FREE PLAY

FLUTTER

_JtlJ J r,,/i iis_, s/J J t J i_,//i,_,

NO FLUTTER

FLUTTER

NO FLUTTER

DISTURBANCE LEVEL

Figure 4
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EFFECTS

AIRSPEED

OF DAMPING ON FLUTTER OF CONTROL SURFACES

I
ALTITUDE :

DAMPER

WEAKENED ///

UNSTABLE O STABLE
DAMPING

Figure

EFFECT OF FREQUENCY ON WING FLUTTER

AIRSPEED

_ FLUTTER_

V NO FLUTTER

_--WING BENDING

WING TORSION FREQUENCY

Figure 6
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EFFECT OF TANK CENTER OF GRAVITY

ON WING FLUTTER

AIRSPEED
/LUTTER

NO FLUTTER

I
FORWARD I REARWARDOF ELASTIC AXIS

TANK CENTER-OF-GRAVITY LOCATION

Figure 7
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SOME ASPECTS OF COMPRESSORAND TURBINE BLADING RELIABILITY

By Richard H. Kemp and John W. Weeton

Lewis Research Center

INTRODUCTION

The compressor and turbine blades of a turbojet engine represent

one of the more serious problem areas with respect to the overall reli-

ability of the engine. Failure of the blading usually results in loss

includes three specific aspects of the problem area. These aspects

are as follows:

(i) Criteria for replacing and reworking compressor blades damaged

by foreign-object ingestion

(2) Reduction of turbine-bucket vibration through the use of modi-

fied stator-vane assemblies

(5) Operating conditions leading to thermal fatigue cracking of

turbine buckets, including the effects of overtemperaturing.

Each of these areas is introduced and discussed separately.

CRITERIA FOR REPLACING AND REWORKING COMPRESSOR

BLADES DAMAGED BY FOREIGN OBJECT INGESTION

One of the major problems in the maintenance of axial-flow jet

engines is impact damage to the compressor blades caused by foreign-

object ingestion. The damage is usually in the form of small nicks and

dents which do not measurably affect the aerodynamic performance but

could possibily result in premature failure by notch fatigue. Examples

of typically damaged blades are shown in figure i. When blades such as

these are found during routine inspections, a decision must be made

regarding blade replacement. In the absence of factual data, the natu-

ral tendency in drafting inspection specifications is to be cautious

and reject an excessive proportion of the blades.

As evidence that this lack of data results in more blade replace-

ment and reworking than is necessary are the many engines wherein blade
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damage is first discovered at normal overhaul; some of the blades in

these engines have undoubtedly operated many hours after sustaining the

damage. A good basis for inspecting blades could provide substantial

savings of money spent every year for overhauling engines and rejecting

damaged blades that either represented no danger to the aircraft or

could have been reworked without complete disassembly of the engine.

An attempt was, therefore, made to determine both the fatigue

strengths of damaged blades, while taking into account the location,

size, and stress-concentration effect of the damage, and the fatigue

strength of the material. In reference i it was shown that the nicks

on the leading and trailing edges were most damaging to the life of the

blades; dents could be straightened and most of the lost fatigue

strength restored. It was further shown that nicks on the pressure sur-

face, away from the edges_ did not adversely affect the fatigue life

because of the fact that the pressure face was relatively close to the

neutral axis. Damage on the suction surface was found to be extremely

rare. It was, therefore, possible to limit this study to nicks commonly

found on the edges (up to 1/16 inch depth).

The study of leading- and trailing-edge nick damage was consider-

ably simplified by experimental evidence (ref. i) indicating that the

stress-concentration factor for nicks is essentially independent of the

nick depth and location along the span. It was shown that when the

depth of a nick exceeded approximately 0.020 inch, the stress-

concentration factor was in the range of approximately 1.6 to 1.8.

Depths of 0.008 to 0.020 inch produced factors as low as approximately

1.4. The stress-concentration factor can be considered constant at

approximately 1.8 for determining the maximum probable damage; thereby,

a variable is eliminated from the determination. From additional

related data it was shown that the stress-concentration factor was

approximately the same regardless of the position of the nick along the

span. The data presented in reference i were determined for a specific

blade configuration and a specific material, and a similar determination

should be made if a different configuration and material are employed.

The determination of inspection curves to use as a basis for blade

rejection by utilizing the foregoing two assumptions is given as a

seven-step procedure in reference 2. This procedure can be summarized

as follows: Data are obtained concerning the fatigue life, failure

location, endurance limit, and stress distribution for undamaged blades

when the blades are vibrated in the mode which has previously been

determined as the critical mode during engine operation. The assumption

is made that a number of engines have been suitably instrumented with

strain gages in order to determine not only the critical vibratory mode

of the blades but also the maximum vibratory stress to be expected under

the various possible engine operating conditions. In those cases which

have been examined at the Lewis Research Center, the first bending mode
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has always been the critical mode. If the S-N curve does not show an

endurance limit, then a pseudoendurance limit at a given number of

cycles (that is, lO 8) must be specified. Strain gages are used to meas-

ure the stress at the critical section as determined from the fatigue

tests and also the stress distribution along both sides of the leading

and trailing edges.

A number of artificially nicked blades with the nicks located at

the same span position as the critical section in the endurance tests

of undamaged blades are then fatigued in the same vibratory mode. The

data are plotted in a standard S-N form, and a curve is drawn at the

lower limit of the scatter in order to allow for the worst possible

conditions. The fatigue limit or safe stress level for blades nicked
at +_o _ _°_+_ " +_ +_ _ _^_ ^_ _ ..............

pseudofatigue limit at a given number of cycles.

An allowable stress curve, as shown in figure 2, is then estab-

lished for nicks at any span location that shows the permissible vibra-

tory stress at the critical section as a function of the damage loca-

tion. Higher vibratory stresses at the critical section would result

in premature blade failure at the damage location. The allowable vibra-

tory stress at the critical section (failure point in undamaged blades)

is plotted against the span location of the damage. A horizontal line

is drawn at 27,000 pounds per square inch, which represents the maxi-

mum vibratory stress obtained at the critical point in the blade during

engine operation. This value has been corrected with the aid of a

Goodman diagram to take into account the fact that the fatigue tests

were made without a centrifugal load on the blades. Those points along

the curve which lie below the engine vibratory stress level represent

damaged blades which are a threat to the safety of the engine. Blades

having nicks up to 1/16 inch deep above the 52-percent-span point will

not fail.

The effect of reworking nicks up to 1/16 inch deep by filing and

polishing can be determined in the same manner as just described for

the unworked nicks. Again, a curve can be established for the reworked

blades, and a sample of such a curve is shown in figure 2. In this

case all reworked blades would represent safe operation.

In order to check the assumed relation between the endurance limit

due to a nick at the critical section and the endurance limit due to

nicks at other span points, 68 blades with nicks at various edge loca-

tions were fatigued. The fatigue data were then compared with

endurance-limit calculations based on the measured endurance limit due

to a nick at the critical section and on the measured stress distribu-

tion along the leading and trailing edges. In all cases except one,

the computed life reductions were on the conservative side. The one
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case which was not resulted in a failure at a stress level only 2 per-
cent below the computedlimit curve. It was, therefore, indicated that
the experimental damagedetermination need be carried out with nicks at
the critical section only on the leading and trailing edges.

It should be rememberedthat the allowable stress curve must be
redetermined every time a change is madeto either the blade shape or
the material, largely because of changes that occur in the endurance
limit, stress distributions, and notch sensitivity. For certain non-
ferrous materials (such as aluminum) that generally have no sharply
defined endurance limit, an alternate method must be used in which a
pseudoendurancelimit for a finite number of cycles is employed. The
use of the method just given places the damage-assessmentdetermination
on a more scientific basis and should reduce overhaul costs materially
by permitting continued service of blades having damagewhich repre-
sents no threat to the safety of the engine.

REDUCTIONOFTURBINE-BUCKETVIBRATIONTHROUGHTHE

USEOFMODIFIEDSTATOR-VANEASSEMBLIES

In the previous section, it was pointed out that the proximity to
failure by vibratory fatigue is a function not only of the degree of
damagethat the blade may have suffered, but also of the vibratory stress
encountered during service operation. It is obvious that one way of
reducing the vibratory-stress level is to reduce the excitation forces
to which the blades.or buckets are subjected. The turbine bucket is
representative of a vibratory system having an infinite number of degrees
of freedom. This simply meansthat it is possible for a bucket to take
on manydifferent deflection shapes during vibration, with a different
frequency associated with each shape or mode. For a simplified illus-
tration of this fact, see figure 3 in which the turbine-bucket deflec-
tion associated with the first bending mode is shownon the left and the
second bending modeon the right, with a representation of the stress
distribution below each modeform. The height above the base plane is
an indication of the relative stress magnitude at any given location.
In passing from the first modeto the higher modes, the natural fre-
quency of vibration increases. The samething occurs in the case of the
torsional modes, and, in addition, other new and still more complex
modesarise from a combination of the bending and torsional modes.

In order to reduce the vibratory-stress level of the buckets in the
engine, it is obvious that one method might be to reduce the excitation
forces which cause the buckets to vibrate. Oneof the main sources of
the excitation force is the periodic variation in air flow over the
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bucket as it passes through the wake behind each turbine stator vane.

The number of pulses received per revolution of the turbine is simply

the number of vanes in the stator. If the number of pulses per unit

time received by the bucket equals the frequency of one of its natural

modes of vibration, then resonant vibration will result. In most con-

ventional turbojets, the number of stator vanes is such that the bucket

vibratory modes which are excited by the stator vanes are the high-

frequency complex modes. These are the modes which are often associated

with vibration failures in the tip regions of the buckets.

In order to reduce the excitation forces caused by the stator

vanes, it is necessary to interrupt the regularity with which the indi-

vidual pulses strike the buckets. This interruption can be thought of

roughly in terms of the old story about the soldiers breaking step when

crossing a bridge in order to eliminate the possibility of bridge

fail_re by resonant vibration at a frequency equal to the cadence of

their marching. In the case of the stator vanes it is necessary to

move some of the vanes in a circumferential direction and, thereby,

interrupt the regularity of the pulses. There are many ways of

accomplishing this interruption and figure 4 illustrates several of

these ways. A standard stator-vane assembly having all vanes equally

spaced is shown on the left in figure 4 for reference purposes. This

configuration is used in most jet engines today. In the figure, however,

the number of vanes have been reduced for illustrative purposes. In the

center of the figure is shown one possible variation in which the

assembly is divided into three segments. In the first segment, the

vane spacing is the same as in the standard assembly on the left. In

the second segment the spacing has been decreased between the vanes, and

in the third segment the spacing has been increased between the vanes.

In the configuration on the right, the same procedure has been used and,

in addition, each segment has been rotated relative to the other seg-

ments by a small amount. This rotating is called phasing. As a result

of theoretical and experimental analyses, it has been shown that the

configuration on the right will provide the greatest reduction of exci-

tation force of any of the configurations studied. The excitation

reduction provided by this configuration and the amount of vane-spacing

change required is shown in figure 5. The spacing change within the

segments, in terms of percent of the standard spacing, is plotted on

the abscissa against the relative exciting force on the ordinate. A

standard vane assembly with 48 equally spaced vanes was chosen as the

basis for the calculations, and the configuration represented is merely

a modification of this assembly. For the equally spaced assembly,

there would be 48 pulses per revolution, and the excitation force of

these pulses was arbitrarily given a value of 1. For the modified

assembly, it was determined that the excitation force of the 48 pulses

per revolution was decreased. However, because of the phasing and

spacing, other pulse frequencies were introduced. The pulses having

the highest excitation force are shown in figure 5; these pulses are
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47, 48, 49, and 50 per revolution. The excitation force of these pulses
is shownin this figure relative to the force of i for the equally
spaced assembly. It will be noted that when the spacing is changed only
8.5 percent of the standard spacing, the excitation-force level drops to
0.32. In other words, the excitation level has been decreased 68 per-
cent comparedwith the equally spaced assembly. A detailed description
of this investigation is presented in reference 3.

It would, therefore, appear desirable to incorporate a modified
stator-vane arrangement in all engines and thereby reduce the probabil-
ity of dangerous vibration of the turbine buckets in the higher fre-
quency modes. The modification of the stator-vane assembly must, of
course, be carried out with proper attention to the aerodynamics of
each of the nozzle passages that is altered in order to prevent a
decrease in the stage efficiency. For the small changes in spacing
that have been indicated, however, it should not be necessary to change
the vane shape but merely to alter the vane setting angle slightly.

THERMALFATIGUECRACKINGOFTURBINEBUCKETS

Often, cracks on the leading edges of turbine buckets are the
equivalent in turbine-bucket failures of nicks and dents in compressor-
blade failures. Wherea multiplicity of cracks occur on the leading
edges of turbine buckets, they are not caused by foreign-object inges-
tion but rather by a process called thermal fatigue in references 4
and 5. Experience has shownthat turbine-bucket failure by stress rup-
ture or fatigue maybe greatly accelerated by thermal-fatigue cracks.
Typical leading-edge cracks caused by thermal fatigue are shownin
figure 6 (from ref. 4). The cracks appear to be wide because of the
bleeding of the inspection oil from the cracks. In this case, cracks
have formed up and down the leading edges of the bucket. If leading-
edge cracks such as those shownin figure 6 are observed during inspection
procedures, buckets are removed from the engine and discarded, and, in
fact, are termed "bucket failures." Tests have been conducted on many
different types of alloys in turbojet engines, and thermal-fatigue
cracks have been produced in both cast materials and forged materials.
(See ref. 6.) Manyalloys exhibited leading-edge cracks after they had
been operated at rated-speed or full-power conditions for time periods
less than 50 hours.

Since any thermal-fatigue crack is thought to be potentially detri-
mental to good engine reliability, the National Aeronautics and Space
Administration undertook a study of the mechanics of fatigue-crack
formation and the phase of engine operation that promotes its occurrence.
It would be suspected that a cold turbine bucket suddenly exposed to hot
gases from the combustion chamber during a start would be thermally



237

shocked. Similarly, when an engine is shut down by suddenly cutting

the fuel flow, it would be expected that further thermal shocking of a

bucket would take place. In order to learn more about the temperature

changes in a turbojet engine, an extensive series of temperature surveys

were made of engine components while the engine was being operated, and

an example of the data obtained is shown in figure 7- In this figure

the temperature profile of a turbojet-bucket leading edge is shown for

the starting of the engine in a normal fashion. This profile is estab-

lished within approximately i0 seconds after the engine is started. Two

things are evident: First, there is a large change in temperature from

the leading-edge skin to the midchord. In this case, the temperature

difference was 840 ° F. The second fact is that the temperature decrease

from the leading edge is very rapid. From the total temperature differ-

ence and from the slope of the curve, it has been calculated that on

starting, stresses well in excess of the elastic limit of the material

are obtained. As a result, plastic flow of the edge material would

occur upon starting. As the temperature of the bucket is stabilized,

the colder inner portions would expand and put the outer portions in

tension or, in other words, cause the outer edges to elongate. Addi-

tional tensile stresses would be induced in the bucket edge when the

engine is stopped. It is this type of induced tensile stress which

fluctuates upon starting, running, and stopping the engine that would

be expected to account for the thermal-fatigue cracks at the leading
edges of the bucket.

Some conclusive evidence that shows that leading-edge thermal-

fatigue cracks are caused largely by starting an engine is presented

in table I. This table represents a series of full-scale-engine tests

with turbine buckets made from the alloy M-252. (See ref. 7.) This

alloy is a nickel-base alloy similar to many in use in turbojets today.

The data presented in table I relate the mode of engine operation with

the appearance of the first thermal-fatigue cracks. The results of

testing M-252 in a cycle designed to simulate service conditions is

shown in table I as the first type of test. This cycle consisted of

starting, running the engine at idle for 5 minutes, running at full-

power conditions for 15 minutes, and then returning to the idle condi-

tion. For various reasons, a start and stop was averaged for every

3 hours of rated speed. Under these operating conditions, the buckets

exhibited cracks after 18 starts or 55 hours of operation at rated

speed. To determine whether steady-state operation at rated speed

could produce leading-edge cracks, a second test was made. The engine

was run on a three-shift basis, and the engine was started as few times

as possible. After 360 hours of operation at rated speed, no cracks
had formed.
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To determine whether the portion of the cycle between idle- and

rated-speed conditions could cause cracks, the third test was made

(table I). After cycling the engine 1,984 times between idle and rated

speed, no cracks had formed. This number of cycles is considerable and

was believed to more than adequately permit the conclusion that this

portion of the cycle did not produce leading-edge cracks. In the fourth

test, the engine was started, was brought to idle, and stopped. At this

point, cracks were produced in the leading edges. During this test the

engine never reached rated-speed or full-power conditions. In the fifth

test the engine was started, was brought to idle, increased to rated-

speed conditions, and then stopped. This procedure reduced the number

of starts necessary to cause cracking and showed that full-power condi-

tions could reduce the number of engine starts that produced cracks.

Finally, the engine was started slowly by igniting one burner, then

another, and then more burners so that the buckets would not be shocked

on starting. The engine was started in this manner 900 times, and it

was found that no cracks formed. The conclusion was reached, therefore,

that normal starting caused cracks and that gradual starting of the

engine could prevent crack formation. Results of the thermal-fatigue

studies may be stated as follows:

(i) Thermal-fatigue cracks may be induced in many different types

of alloys.

(2) Starting the engine did more to cause thermal cracks than any

other portion of the cycles.

(3) Operation of the engine at full-power conditions reduced the

number of starts necessary to cause cracks.

(4) It may be possible to prevent or reduce cracking completely by

starting the engine by lighting the combustors one at a time as the

engine accelerates.

It is evident from the discussion of thermal-fatigue cracks that

hot starts, a form of overtemperaturing, will aggravate crack formation

because temperature gradients at the edges are greater during hot starts

than during normal starts. Overtemperaturing of buckets may also occur,

of course, under other circumstances. (See, for example, refs. 4 and 5.)

A separate study of the useful life of turbine buckets that were

subjected to overtemperaturing in actual airplane service is discussed
in reference 4. Data were obtained with one set of turbine buckets sub-

jected to an overtemperature of 500 ° F as measured in the tailpipe and

another set subjected to an overtemperature of 200 ° F caused by operation

at 4 percent above the rated engine speed.
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These data showed no well-defined decline in crack resistance of

either set of turbine buckets as a result of the single overtemperature

experience. Several other investigations have been conducted in order

to better understand the effects of overtemperaturing. Such investiga-

tions are discussed in references 8 to 10. Further work is necessary

to better define the tolerance of turbine buckets to engine overtempera-

ture as functions of engine design and materials.



24O

REFERENCES

i. Kaufman, Albert, and Meyer, Andr4 J., Jr.: Investigation of the

Effect of Impact Damage on Fatigue Strength of Jet-Engine Compres-

sor Rotor Blades. NACA TN 3275, 1956.

2. Kaufman, Albert: Method for Determining the Need To Rework or

Replace Compressor Rotor Blades Damaged by Foreign Objects.

TN 4324, 1958.

NACA

3. Kemp, Richard H., Hirschberg, Marvin H., and Morgan, W. C.: Theoreti-

cal and Experimental Analysis of the Reduction of Rotor Blade Vibra-

tion in Turbomachinery Through the Use of Modified Stator Vane

Spacing. NACA TN 4373, 1958.

4. Signorelli, Robert A., Johnston, James R., and Garrett, Floyd B.:

Effect of Prior Air Force Overtemperature Operation on Life of

J47 Buckets Evaluated in a Sea-Level Cyclic Engine Test. NACA

TN 4263, 1958.

5. Lewis Laboratory Staff: Factors that Affect Operational Reliability

of Turbojet Engines. NACA RME55H02, 1956.

6. Signorelli, R. A., Johnston, J. R., and Weeton, _ohn W.: Thermal

Fatigue Cracking of Turbine Buckets Operated in a Turbojet Engine

at 1700 ° F. Part I - Frequent Starts and Stops. (Prospective NASA

paper.)

7. Johnston, J. R., Weeton, J. W., and Signorelli, R. A.: A Study of

Engine Conditions Which Cause Thermal Fatigue Cracks in Turbojet

Engine Buckets. (Prospective NASA paper.)

8. Signorelli, R. A., Garrett, F. B., and Weeton, J. W.: Engine Per-

formance of Overtemperature Heat-Treated S-816 Buckets. NACA

RM E55L06a, 1956.

9. Floreen, S., and Signorelli, R. A.: Survey of Microstructures and

Mechanical Properties of Overtemperatured S-816 Turbine Buckets

From J47 Engines. NACA RME56K30, 1957.

i0. Robins, Leonard: Evaluation of the Use of Electrical Resistance For

Detecting 0vertemperatured S-816 Turbine Blades. NACA RM E57A29a,

1957.



241

TABLE I

SUMMARY OF THERMAL-FATIGUE ENGINE TESTS

TYPE OF TEST CRACKS FIRST OBSERVED AFTER -

NUMBER

OF

STARTS

TIME AT RATED SPEED,

HR

NORMAL TEST 18 55

STEADY STATE NO CRACKS - 560 HRS

IDLE-RATED- NO CRACKS

IDLE 1984 CYCLES

START-IDLE- 85 0

STOP

START-RATED 40 i0

STOP

GRADUAL START- NO CRACKS AFTER

IDLE-STOP 900 STARTS AND STOPS
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BOUNDARY-LAYER NOISE AT SUBSONIC AND SUPERSONIC SPEEDS

By Gareth H. Jordan and Norman J. McLeod

NASA High-Speed Flight Station

INTRODUCTION

The limited amount of data available on the noise environment of

an aircraft in flight makes it difficult to formulate proper design

specifications based on the noise environment to be experienced by the

aircraft. The noise environment of aircraft has increased through the

use of more powerful jet engines and the boundary-layer noise has

increased with increase in flight speeds. Boundary-layer noise as used

in this paper is defined as wall pressure fluctuations in the turbulent

boundary layer.

The purpose of this paper is to present the results of flight sur-

veys of boundary-layer and engine noise levels in an attempt to estab-

lish the contribution and relative importance of boundary-layer and

engine noise on the noise environment of aircraft in flight. These

data are the preliminary results of an investigation of boundary-layer

noise and the noise environment of aircraft being conducted by the NASA

High-Speed Flight Station. (See ref. 1.)

RESULTS AND DISCUSSION

Two airplanes were used in this investigation and neither of the

airplanes contained insulation. The Boeing B-47A airplane, shown in

figure i, is a swept-wing bomber, similar in configuration to commercial

jet transports, and is powered by six General Electric J47 jet engines.

Microphones were located inside the fuselage at positions A, B, and C.

Positions A and B are in the bomb bay and position C is in the heater

compartment beneath the dorsal fin. Each of the internal microphones

were located approximately in the center of the fuselage and facing

forward. In addition, an external noise measurement was obtained at

position B with a flush-mounted microphone equipped with a sintered

wind-screen. This external microphone was located on the side of the

fuselage and approximately on the fuselage center line.

Data were obtained during engine ground runs, acceleration and

deceleration flights at lO0 percent rated engine rpm (7,800 rpm) and

50 percent rated engine rpm, and during constant-speed flights at

altitudes of 10,O00 and 20,000 feet.
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Overall noise levels obtained during acceleration and deceleration

flights at an altitude of 20,000 feet are shown in figure 2. In this

figure, the overall noise level, in decibels, is shown as a function of

Mach number for positions A, B, and C. The data for i00 percent engine

rpm are indicated by the circular test points and the data for 50 per-

cent engine rpm are indicated by the square test points. All data show
an increase in overall noise level with increase in Mach number. The

measurements at positions A and B, which are located in the bomb bay_

show approximately the same internal noise level, as might be expected.

At position C, which is farther rearward, the noise level is about

5 decibels higher than at position A or B as a result of a higher engine

noise environment and a thicker boundary layer. Since the internal

noise levels show a small to negligible effect of engine rpm at Mach

numbers greater than about 0.6, the boundary layer becomes the predomi-

nant source of noise inside the fuselage at the higher speeds.

The external noise level at position B indicates a noise level

from 20 to 30 decibels higher than the internal noise level. It should

be pointed out that this is a point measurement of noise and since the

microphone was located close to the inboard engine, the measurement was

greatly influenced by engine rpm as evident by the 15-decibel increase

in noise level with increase in engine rpm from 50 percent to i00 per-

cent throughout the Mach number range. Other areas of the fuselage

would be in a less intense engine noise environment and thus would not

show a large effect of engine rpm at high airspeeds.

It is interesting to compare the maximum overall noise levels

measured in flight with those measured during engine ground runs at

i00 percent engine rpm. The maximum internal overall noise level

measured in flight at position B was 118 decibels whereas that meas-

ured during ground runs was 126 decibels. The maximum external overall

noise level measured in flight at position B was 146 decibels compared

with 143 decibels during ground runs. It may be seen that engine noise

at high engine rpm and high airspeed may impose noise levels on local

areas of the aircraft in flight as high as during engine ground runs.

Overall noise level and frequency spectrum at position B is shown

in figures 3 and 4. In these two figures the internal and external

noise levels in various octave bands from 75 to i0,000 cps are shown

for engine settings of 50 percent engine rpm, the engine rpm required

for constant speed, and i00 percent engine rpm. Gross thrust Fj pro-

duced by each engine is shown for the test conditions. Figure 3 is for

a Mach number of approximately 0.45 and figure 4 is for a Mach number

of approximately 0.65. The overall noise levels are shown on the left

portion of the figures for reference.

@



14Y 249

For a Mach number of 0.45 at 50 percent engine rpm, the engine pro-

duces only 400 pounds of thrust and the engine noise would be expected

to be small. (See fig. 3.) Increasing engine rpm from 50 percent to

100 percent raises the noise level throughout the frequency range

whereas increasing engine rpm from 50 to 75 percent has a negligible

effect on the noise level except at the highest octave band. The abrupt

increase at the higher frequency at 75 percent engine rpm resulted in

an increase in the overall noise level of about 7 decibels; however,

the internal overall noise level was not affected appreciably by this

increase. At a Mach number of 0.65 (fig. 4), the increase in noise

level due to increasing engine rpmfrom 50 percent to 100 percent is

less than that shown for M _ 0.45 except for the 300-to-600-cps and

the 600-to-l,2OO-cps octave bands for the external noise. In the case

of the internal noise, the only increase evident occurs in the 300-to-

600=cps and the 600-to-l,200-cps octave bands. From the results shown

in these two figures, it is concluded that the data obtained at 50 per-

cent rpm is boundary-layer noise both for the external and internal

noise levels.

All the data shown in the previous figures have been for subsonic

Mach numbers less than 0.80. An indication of the trend of boundary-

layer noise at supersonic speed has been obtained from tests made with

the Douglas D-558-II research airplane. The D-558-II research airplane

shown in figure 5 is a swept-wing rocket-powered airplane. It is

powered by a Reaction Motors rocket motor rated at 6,000 pounds of sea-
level static thrust. An internal measurement of the overall noise level

in the rear part of the fuselage was obtained during accelerating flight

with rockets on and during decelerating flight with rockets off at Mach

numbers up to 1.4 at an altitude of 47,000 feet.

The overall noise levels obtained in the D-558-II are shown in

figure 6 as a function of Mach number. The noise level shown for the

rocket-off condition or the glide portion of the flight is the noise

level inside the fuselage due to boundary-layer noise. The noise level

is seen to increase to the highest Mach number shown; however, at super-
sonic speeds the rate of increase of noise level in decibels with Mach

number is less than at subsonic speeds. When the noise level for the

rocket-off condition is compared with that for the rocket-on condition,

it is seen that at subsonic speeds the rocket noise determines the noise

level in the rear part of the fuselage. The rocket noise is produced

downstream, and at supersonic speeds does not contribute to the noise
environment of the aircraft.

The data presented in the previous figures have indicated that

boundary-layer noise increases with increase in Mach number and, at

Mach numbers greater than about 0.6, was the predominant source of

noise inside the fuselage for the B-47A airplane. Noise levels and

trends obtained during this investigation have shown the need for



25O

adequate methods of predicting noise environment of high-performance

aircraft in the design stage. Theoretical and experimental investiga-

tions of boundary-layer noise (refs. 2 and 3) have indicated that the

pressure fluctuations in the turbulent boundary layer vary as the veloc-

ity squared and with density or with dynamic pressure. These experi-

mental investigations have indicated that the pressure fluctuations are

about 0.006 times the dynamic pressure. Estimates of the boundary-layer

noise levels have beenmade by use of the equation for sound pressure

level. The equation for sound pressure level in which the measured

effective sound pressure has been replaced with 0.006 times the dynamic

pressure is as follows:

Sound pressure level = 20 lOglO O.O06q (i)
Pref

where Pref is equal to 4.177 x 10 -7 ib/sq ft. The reference pressure

Pref is expressed in pounds per square foot instead of the more usual

dynes per square centimeter so that the dynamic pressure q may be

expressed as pounds per square foot. This equation has been used to

estimate the external boundary-layer noise level in decibels.

Comparison of the overall noise levels obtained during this investi-

gation with those estimated values from equation (i) are shown in fig-

ure 7. In this figure, the overall noise level is shown as a function

of free-stream dynamic pressure. The faired line represents the esti-

mated level, and the experimental results are shown for external and

internal noise levels at position B for the B-47A airplane and internal

noise levels for the D-558-II airplane. The external boundary-layer

noise level for the B-47A airplane is felt to be in good agreement with

the estimated boundary-layer noise level. The constant used in the pre-

diction of the boundary-layer noise (0.006) was based on flat-plate

investigations and it is expected that this constant would vary with

location on the airplane. If the constant varies by a factor of 2

(from 0.003 to 0.012), however, it would result in a band of ±6 decibels

from the estimated level shown. The external microphone on the B-47A

airplane was located on the relatively flat portion of the side of the

fuselage, and local dynamic pressure did not vary appreciably from the

free-stream dynamic pressure. As mentioned previously, theoretical and

experimental studies have shown that the pressure fluctuations in the

turbulent boundary layer vary as the velocity squared V2. These flight

results vary as V2-3. This difference may be a result of changes in

angle of attack with Mach number and corresponding changes in boundary-

layer thickness. The angle of attack varied from 12 ° at the low speeds

to 0 ° at the high speeds.

The internal noise levels (fig. 7) show the same trend as the
external noise and indicate a level about 20 decibels less than the

external level. The internal level for the D-558-II airplane shows
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essentially the same general trend up to a Mach number of 1.4. The

level of the boundary-layer noise inside the fuselage is somewhat higher

than that for the B-47A airplane; however, this increase may result from

turbulence created by the wing-fuselage juncture and by the blunt base

of the D-558-II airplane. The results of this investigation are limited

to Mach numbers less than 1.4 and dynamic pressures less than

600 ib/sq ft. Proposed supersonic transports designed to operate at

Mach numbers as high as 3.0 will probably operate within this range of

dynamic pressure. Estimation of boundary-layer noise at higher Mach

numbers will probably require consideration of local dynamic pressure

and boundary-layer characteristics. An additional flight investigation

is under way to extend these results to a Mach number of 2.0 and to

dynamic pressures of about 1,300 ib/sq ft.

CONCLUDING REMARKS

From the preliminary results of an investigation of boundary-layer

and engine noise, the following results were noted:

• _ _._11 _u=_ greater tl_n about 0.6, the boundary-layer noise

was the predominant source of noise inside the fuselage of the B-47A

airplane.

2. The experimental results are felt to be in good agreement with

the estimated values within the limits of this investigation.

3. Engine noise at high engine rpm and high airspeeds may impose

high noise levels on local areas of the aircraft in flight and should

be considered in the design.
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JET-ENGINE-NOISE REDUCTION

By Warren J. North

Lewis Research Center

SUMMARY

The acoustic and aerodynamic characteristics of several Jet-noise

suppressors are presented. The best sound reduction and propulsive

thrust are obtained with a configuration having a corrugated nozzle

and retractaole ejector. Additional noise reduction under the flight

path will result from modified climb techniques. Future commercial

transports may be equipped with engines which are designed with lower

jet velocities and, consequently, will produce lower noise levels.

INTRODUCTION

Noise problems introduced by the jet airplane will be magnified as

the military makes use of higher performance engines and as the Jet

_ano_u_o _u_11_into --_ ...... _ use by the airlines The engines

currently used in Jet transports are basically the same as those

designed for military applications wherein high thrust and small frontal

area were major considerations. Unfortunately, these design concepts

are not compatible with modest noise generation.

Some measure of solution to the noise problems can be achieved by

insulating passenger cabins, enclosing waiting passengers on the ground

in sound-reducing enclosures, and providing ground crews with protective

helmets. The airplane-noise nuisance in communities near airports,

however, appears to be a much more difficult problem.

The airframe designer is also concerned with high noise levels

because intense noise produces pressure fluctuations which can cause

structural fatigue.

The purpose of this paper is to discuss briefly some of the jet

noise parameters and then describe recent developments in noise-

reduction techniques. A bibliography of related papers is presented.
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SYMBOLS

P

P0

A

V

a0

K

S

W

D2_l

L/D 1

M

sound power

density of surrounding medium

cross-sectional area of Jet

efflux velocity of Jet

speed of sound in surrounding medium

dimensionless constant

spacing

width

diameter ratio

length-diameter ratio

Mach num0er

DISCUSSION

The turbojet engine has several noise sources; however, the

majority of the noise is caused by the high-veloclty exhaust Jet.

exhaust Jet creates noise by three mechanisms:

(1) The turbulent fluctuations within the Jet mixing region

The

(2) Oscillating shock waves within the jet

(3) Interaction between shock waves and turbulence

During take-off and climb, Jet noise is predominantly caused by

turbulent fluctuations. The exhaust-nozzle pressure ratio is suffi-

cient during high-speed flight to cause strong shock waves in the Jet.

However, because of the importance of reducing the noise nuisance in

communities near airports and because this nuisance is caused by low-

speed flight at take-off and climb, the major research effort has been

directed toward reduction of noise created by turbulence in Jets.
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An outstanding contribution to the theory of noise created by Jet

turbulence was made by Lighthill in references 1 and 2. Lighthill pre-

dicted the effect of jet velocity on the sound radiated from a jet.

The following equation shows the relation which was derived by Lighthill:

P = Kf0 AV8

ao_

Numerous experiments have shown that this "eighth power" expres-

sion reasonably predicts the noise for the range of turbojet-exhaust

velocities of interest.

Most of the Jet noise is generated within i0 nozzle diameters

downstream of the conventional nozzle. In order to reduce the noise,

the jet velocity should be reduced as quickly as possible. One method

of accomplishing this is by mixing the low-energy surrounding air into

the jet stream. Figure 1 shows how the region downstream of the stand-

ard nozzle has a high-velocity core surrounded by large-scale noise-

producing turbulence. In the same figure is a sketch of a multiple

nozzle which is designed to produce rapid mixing of the surrounding

air and Jet. Low-energy air is induced into the spaces between the

individual nozzles and then mixes with the high-velocity flow. In

order to determine how the mixing-nozzle geometry affected noise pro-

duction, tests were undertaken with rectangular mixing nozzles.

During the tests it was of interest to find the optimum ratio of

the spacing S to the width W. In figure 2 the sound-power ratio is

shown as a function of spacing ratio for a pressure ratio of 2.0.

Current jet transports have a nozzle pressure ratio of approximately

2.0 during take-off. The sound-power ratio is the total acoustic power

of the mixing nozzle divided by the acoustic power of the standard

nozzle. As the spacing-width ratio increases, the sound-power ratio

decreases rapidly; and for a nozzle pressure ratio of 2.0, the sound-

power ratio reaches a minimum of about 0.25 for spacing-width ratios

between 2 and 3. A sound-power ratio of 0.25 should greatly reduce

the structural fatigue stresses. The equivalent sound reduction

would be 6 decibels and represents a significant improvement to an

observer. This type of nozzle was used for static tests only and was

not intended for use in flight because of high base drag.

In an effort to improve the aerodyr_mic characteristics, the three

nozzles shown in figure 3 were investigated. The first has 12 corruga-

tions or lobes around a small circular exit and is similar to a nozzle

originally suggested by Greatrex in reference 3. This configuration

was designed to induce low-energy air between the lobes with minimum
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external-drag penalty. The second configuration has a solid center
body with larger corrugations. The third model consists of 31 indi-
vidual tubes. The structural integrity of the tubular nozzle should
be better than that of the corrugated nozzle since the flat surfaces
of the corrugations tend to distort under pressure. A major difficulty
in designing the tubular nozzle is the fairing of the internal flow
passages to prevent large total-pressure losses at the entrances to the
tubes.

Another possible device for noise reduction is the ejector. An
ejector attached immediately downstreamof an elght-lobe corrugated
nozzle is shownin figure 4. The ejector is a device which is used to
pumpsecondary air, in this case, through the corrugated nozzle and
into the ejector where it mixes with the primary Jet and decreases the
downstreamvelocity. Polar plots of the sound-pressure levels from the
standard nozzle and the lobe-ejector combination are shownin figure 5-
The peak sound-pressure level was decreased 12 decibels. The overall
sound-power level was reduced 8 decibels. An additional attenuation of
about 2 decibels was obtained by lining the ejector with sound-absorbing
material. Figure 6 shows the change in sound-power spectrums for the
31-tube nozzle and the two ejector configurations as comparedwith the
spectrum of the standard nozzle. All the suppressors cause moderate
sound reductions in the middle frequencies which contain the majority
of the soundpower; however, the tubular nozzle increases the noise
above 400 cps, whereas the lined ejector causes large reductions in
this region. In addition to reducing the noise, the ejector static
thrust was actually greater than that for the standard nozzle. This
thrust gain is expected to be quickly overshadowedby external drag as
the forward speed increases.

The external drag of noise-suppressor nozzles is extremely impor-
tant to crusing flight performance. Consequently, wind-tunnel tests
of several nozzles were undertaken. In one of the wind-tunnel tests
the drag of full-scale nozzles was investigated on a turbojet engine
at Machnumbersup to 0.5. Someof the nozzles used in these tests
were the lobe and tubular configurations shownpreviously. The engine
nacelle with one of the nozzles is shown in figure 7. Generally, the
increase in external drag was less than 3 percent of engine thrust at
a Machnumberof 0.5 for all the configurations tested.

The drag studies were extended into the transonic speed range by
testing 1/5-scale nozzles in the Lewis 8- by 6-foot transonic and
supersonic tunnel. Drag results are shown in figure 8 for the standard
nozzle and for the lobe-ejector configuration. At a Machnumber of
0.86 the lobe-ejector configuration increased the nacelle drag coeffi-
cient by a factor of 2 which is equivalent to about 5 percent of the
net thrust. Figure 9 showsa propulsive thrust' (thrust minus drag) and
a sound-power comparison for five suppressor configurations. The lobe
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nozzles and the standard nozzle with ejector caused 3- or 4-percent

losses in propulsive thrust and moderate noise reductions. Large

internal thrust losses were mainly responsi01e for the poor performance

of the tubular nozzle. The lobe nozzle with ejector produced the

greatest sound reduction, 8 decibels, but it also caused a _2- percent

loss in propulsive thrust. The propulsive-thrust loss was primarily

due to drag. This dragmay be reduced substantially by retracting the

ejector during cruising flight.

The noise nuisance to the community can also be reduced by modi-

fying the take-off and climb procedure. In order to realize maximum

climb performance, a jet airplane should attain a climb airspeed of

approximately 300 knots as soon as possible after take-off. If,

however, the airplane climbs at the lowest speed compatible with direc-

tional controllability in the event of engine failure, the flight-path

angle will be steeper and will provide more altitude separation which

will reduce the noise levels on the ground.

Another method of decreasing Jet noise is by reduction of Jet

velocity through engine redesign. The bypass engine or an engine

designed to operate at low turbine-inlet temperature will produce

lower jet velocities and, consequently, reduce noise levels.

CONCLUDING REMARKS

It appears that present-day suppressor-equipped Jet transports can

compromise propulsive thrust and climb performance with noise reduction

in order to gain public acceptance. Future commercial transports may

be equipped with engines which are designed for low-noise generation.
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NOISE PROBLI_4S ASSOCIATED WITH GROUND

OPERATIONS OF JET AIRCRAFT

By Harvey H. Hubbard

Langley Research Center

INTRODUCTION

The noise generated by the engines of Jet aircraft during ground

runup operation will lead to serious problems, particularly with regard

to the ground-crew personnel, the structure of the aircraft, and, to a

lesser extent, the surrounding community. The purpose of this paper is

to review the nature of these problems and to focus attention on some of

the more critical aspects. Brief mention is also made of various devices

useful for noise reduction during ground operations. There will be only

general discussion of some types of these devices and no attempt is made

to include all the very large number currently available for use. (For

further information see the bibliography.)

ALLOWABLE NOISE EXPOSURE

Some insight into the noise-exposure problem for humans is given by

figure 1. These data were obtained from reference 1 and are based

largely on Air Force experience _ operating jet aircraft. Noise expo-

sure has two ingredients: the level of the noise and the time of expo-

sure to that noise. It can be seen in the figure that the allowable

exposure time is plotted as a function of the overall noise level in

decibels. Three general regions are noted: (a) a region where no

protection is needed, (b) a region where ordinary personal equipment

such as ear plugs, helmets, or muffs would be adequate, and (c) a region

to be avoided unless special equipment is provided. This special equip-

ment could be custom-fitted ear-protection devices or devices for pro-

tecting the whole body. It was also noted from reference 1 that ear

protection alone is not adequate for exposure to noise levels higher than

150 decibels even for a short time. Where no protection is required, it

is noted that the average man can be exposed to lO0 decibels of random

noise for an 8-hour workday without adverse effects. As the noise level

increases the allowable exposure time decreases until at a level of

135 decibels an exposure time of only a few seconds is permissible. It

should be noted that the data of figure 1 apply directly for random noise

and the allowable levels are about lO decibels higher than they would be

for discrete noise under otherwise comparable conditions.
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The significance of these levels with regard to an actual engine

running up on the ground is illustrated with the aid of figure 2. Shown

in the figure are several contour lines of equal overall noise level for

an engine with a flight-type muffler attached operating at i0,000 pounds

of thrust (ref. 2). Also indicated in the figure are distances radially

outward and forward and rearward of the nozzle-exit plane. It can be

seen that in a large area where maintenance men might be required during

engine runup, the levels range from ii0 to about 150 decibels. As indi-

cated in figure i, it would be permissible to enter any part of the

region ahead of the 130-decibel contour line without protection, provided

the exposure time did not exceed i minute. For the region within the

130-decibel contour line some type of personal-protection device would

be required even for short-term exposures.

NATURE OF THE AIRCRAFT-DAMAGE PROBL_4

Because of the very high noise levels in the region behind the

engine near the exhaust, there is also a possibility of doing structural

damage to the aircraft for long-term exposures. The damage areas on the

airplane will occur generally rearward of the engine-exhaust exits

(ref. 3). Shown schematically in figure 3 is a bottom view of a multi-

engine jet airplane with pod-mounted engines. The shaded areas are those

susceptible to damage by engine noise and are noted to be along the wing

trailing edges and the rearward part of the fuselage.

Areas of the airplane located close to a given engine will be pri-

marily affected by that particular engine and not significantly affected

by the others. There are some areas of the airplane, however, in which

excitation from more than one source is significant, as, for example,

the rearward part of the fuselage. The damage referred to results from

fatigue failures of the skin and other secondary structural members due

to the fluctuating noise-pressure loads. These failures are generally

not catastrophic in nature but may be costly to repair.

Other experience (refs. 4 and 5) has indicated that the severity

of the damage due to noise is very much a function of the noise level

of exposure. Of course, ground operation involves a variety of engine

conditions with an associated range of noise levels. Some of these are

illustrated in figure 4 (from ref. 6) for the take-off, cruise, taxi,

and idle conditions of the engines of a four-engine jet airplane with

flight-type mufflers. The data are shown in the form of overall noise

levels, measured at 200 feet, plotted as a function of azimuth angle

measured from the front of the airplane. Unfortunately, near-field

data of the type shown previously are not available for engine condi-

tions other than the lO0-percent-rpm condition shown in figure 2. It



271

is believed, however, that the near-field data for these power condi-

tions would be in the same order of rank and have about the same dif-

ferences as those shown in figure 4. Of particular interest are the

data at azimuth angles toward the rear where the noise levels are the

highest. In this orientation it can be seen that the noise levels asso-

ciated with take-off power are higher than those for any of the other

engine conditions.

The significance of these data with reference to the damage problem

is illustrated schematically with the aid of figure 5. Hours of struc-

tural life are shown as a function of noise level in decibels. The

resulting curve is similar to a conventional S-N diagram. Its shape

will thus depend on the stress level in the structure and the type of

construction used. If it is assumed that a certain part of the airplane

is designed for a satisfactory life of lO0 hours of take-off time, then

the usable life in the cruise condition might be of the order of

1,O00 times that long because of the lower noise levels. The take-off

condition is thus very important with regard to structural life and, for

many parts of the aircraft, is a controlling factor in design. The noise

levels associated with the taxi and idle conditions would, of course,

be below the cruise noise level and would have essentially no effect on

the life of the airplane. On the other hand, if a ground operator

became careless and unknowingly operated the engines in such a way that

the noise levels were higher than those at the take-off condition, the

usable life of the airplane would then be greatly reduced. One point

that can be made in connection with figure 5 is that operation at take-

off Power on the ground will directly affect the life of some parts of

the airplane. With regard to those parts of the structure which receive

excitation from more than one engine, it would be helpful if only one

engine at a time were operated for the routine operational and mainten-

ance checks that are performed, since that would tend to fix the opera-

tions on the lower segment of the curve.

NOISE-REDUCTION DEVICES

Of course, another method of operating on the lower segment of the

curve (fig. 5) is to use some noise-reductlon devices in addition to

those installed on the airplane. Schematic illustrations of some of

these, along with an indication of the main principle of operation, are

shown in figure 6.

The top diagram shows a nozzle shroud which is fitted to the flight-

type suppression nozzle and extends behind it. Additional air is

entrained by this method which results in more rapid mixing and addi-

tional noise reduction of about 5 decibels (ref. 7)- A longer shroud
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than shown here would give larger noise reduction (ref. 8) and would

thus be more effective in shielding the rearward part of the airplane.

Another possibility is to cause the exhaust gases to enter a per-

forated sleeve from which they would exit in a radial direction from

many small jets (ref. 9)- The total Jet kinetic energy would be reduced

and a reduction of l0 to 20 decibels might be obtained. It should be

noted that sklrt-type deflectors are provided to turn the exhaust flow

away from the structure and also from the direction of the engine inlet.

The bottom sketch in figure 6 shows an enclosure containing

absorbing materials arranged in such a manner as to absorb a large part

of the noise energy before the exhaust reaches the free air. Many such

devices are now commercially available for noise reductions of 20 deci-

bels or more (ref. i0). Some proposed inlet silencers also operate on

the principle of absorbing the noise energy, which in the case of the

compressor is in a frequency range where many acoustic absorbing

materials are very effective.

No attempt is made here to include discussions of all available or

proposed noise-reduction devices; however, a bibliography is provided

for those interested in the technical details. Some of the above

studies indicate that the most practical ground-noise-reduction devices

may very well incorporate more than one of several basic principles of

operation.

Devices of the types illustrated in figure 6 would be suitable

for both ground-crew personnel and structual problems and even for pro-

tection of the community. In some cases where protection is desired

mainly for the community it may be possible to take advantage of the

existing terrain features to reduce the noise at a distance as indicated

in figure 7. As an illustration, if 1 mile separated the runup area and

the community to be protected, noise reductions due to intervening ter-

rain might vary from about 8 to 32 decibels in addition to normal

spreading, depending on the type of terrain, foliage, and so forth

(ref. ll). For a practical solution, a noise reduction of about 20

to 30 decibels due to terrain would be needed. Reductions comparable

to these could be obtained by the use of a shielding wall about 40 feet

high and comparable to the wing span in length (ref. 12). To be most

effective, the aircraft during runup would have to be located close to

the wall. This would cause reflections back onto the aircraft and would

result in higher noise levels at some locations than would ordinarily

exist in an area free of reflections. Thus, care should be used in the

case of ground running of engines close to shielding walls or buildings.

As a word of caution, it is particularly undesirable to run up engines

while the airplane is located between buildings or walls in such a manner

that parts of the airplane are in a reverberant space.
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CONCLUDING R_4ARKS

In conclusion, it has been pointed out that the ground runup

operation of jet engines at full power with flight-type mufflers can

present a hazard to the ground-crew personnel and can be detrimental to

the airplane by reducing its usable fatigue life. Care should be taken

to keep to a minimum all full-power engine operation for which addi-

tional noise reduction is not provided. Additional muffling can be

obtained by conventional methods, and# if these are used properly, pro-
tection may be obtained for both the personnel and the structure of the

airplane.
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THE SHOCK-WAVE NOISE PROBIS_40F SUPERSONIC

AIRCRAFT IN STEADYFLIGHT

By Domenlc J. Maglleri and Harry W. Carlson

Langley Research Center

SUMMARY

Data are presented which provide an insight into the nature of the

shock-wave noise problem, the significant variables involved, and the

manner in which airplane operation may be affected. Fllght-test data

are also given, and a comparison with the available theory is made. An

attempt is also made to correlate the subjective reactions of observers

and some physical damage associated with the pressure amplitudes during

full-scale flight.

It is indicated that for the proposed supersonic transport airplanes

of the near future, booms on the ground will most probably be experienced

during the major portion of the flight plan. The boom pressures will be

most severe during the climb and descent phases of the flight plan.

During the cruise phase of the flight, the boom pressures are of much

lesser intensity but are spread laterally for many miles. It is indi-

cated by wind-tunnel studies made thus far that only small changes in

the boom pressures will result from changes of the aerodynamics of the

airplane; however, the manner in which the airplane is operated does

appear to be significant. For example, the boom pressures during the

climb, cruise, and descent phases can be minimized by operating the air-

plane at its maximum altitude consistent with its performance

capabilities.

INTRODUCTION

In order to operate supersonic aircraft, it will be necessary for

the commercial operator to recognize not only the noise problems asso-

ciated with power plants and the aerodynamic boundary layer, but also

the problem of the so-called sonic boom. Accordingly, data are pre-

sented which provide some insight into the nature of this shock-wave

noise problem, the significant variables involved, and the manner in

which airplane operation may be affected. An attempt is also made to

correlate the subjective reactions of observers and some physical damage

associated with the pressure amplitudes during full-scale flight.
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SYMBOLS

K 1

½

t/d

M

Pa

PO

X

Y

ground-reflection constant

body-shape constant

body length

body fineness ratio

airplane Mach number

ambient pressure at altitude

ambient pressure at ground level

pressure rise across shock wave

distance to maximum thickness along body length

distance normal to flight path

Subscript :

MAX maximum

NATURE OF THE PROBLEM

As an aid in understanding the nature of the problem, a schlieren

photograph of a small airplane model is shown in figure i. This is a

profile view taken at a Mach number of 2.0 during wind-tunnel tests.

The figure shows that there are strong shock waves attached to the bow

and tail of the body, with additional shock waves emitting from other

airplane components such as the wing. As these shock waves extend out-

ward, they coalesce into the bow and tail waves which are gradually

spreading apart or diverging. This divergence results from the differ-

ence in propagation velocities of the bow and tail waves which are,

respectively, higher and lower than ordinary sonic velocity. The main

reason for these differential velocities of propagation is, as indicated

by reference i, due to the longitudinal particle velocity or streaming

velocity of the air which is always associated with shock waves. This

same general shock-wave pattern is observed, whether lift is present or

not, for bodies of various sizes and shapes and for full-scale airplanes.
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In figure 2 is shown a schematic diagram for the test condition of

figure 1. A slice through the wave pattern, as indicated by the hori-

zontal line, would yield the pressure distribution shown by the heavy

line. At the bow wave a compression occurs in which the local pressure

rises to a value Zip above atmospheric pressure. Then a slow expansion

occurs until some value below atmospheric pressure is reached, and then

there is a sudden recompression at the tail wave. Again it is seen that

the bow and tail waves are diverging, and, if the airplane were at an

altitude of 40,000 feet, the time between these peaks would be about

0.2 second, which corresponds to a distance of the order of two to three

times the length of the airplane.

If these waves were sweeping past an observer on the ground, the ear

would respond as shown schematically in the sketch at the bottom of the

figure. Since the ear is sensitive only to sudden changes in pressure,

it would respond to the steep part of the wave and not to the portion

which is changing slowly. If the time interval between these two rapid

compressions is small, as for a bullet, the ear would not be able to dis-

criminate between them and they would seem as one explosive sound. If

the time interval were on the order of 0.10 second or greater, as in the

case of the airplane, the ear would probably detect two booms.

SIGNIFICANT VARIABLES

There are many significant variables involved in the problem of the

boom. These variables include those associated with the shock-wave gen-

eration in addition to those associated with the wave propagation through

the atmosphere. Some of these variables are involvedin the following

equation, taken from references 1 to 3, which is used to predict the

intensity of the boom:

-k,' / (I)

A discussion of the relative significance of the terms in the equation

follows, but before the discussion, it is necessary to consider the

equivalent-body concept. The pressure field at large distances from

an airplane can be approximated as that from a body of revolution having

the same length and maximum cross-sectional area. As in the "transonic

area rule," this area includes not only sections from the fuselage but

also from the wing, nacelles, and so forth. In equation (1) the con-

stant K1, which is a reflectivity factor varying between 1.0 and 2.0,
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depends upon the ground surface, and for the particular tests considered

herein it averaged between 1.7 and 1.9. The constant K 2 depends upon

the equivalent body shape, and a theoretical variation of the constant

is shown in figure 3.

The data of figure 3 are for three bodies of revolution having their

maximum areas occurring at about 0.3 and 0.5 body length and at the tall

of the body. It can be seen that for this extreme variation in the loca-

tion of the maximum thickness, the constant K 2 varies from about 0.55

to about 0.80. In addition, wind-tunnel tests have indicated that bodies

having the same longitudinal area development but widely different shapes

give about the same value of Zkp at large distances from the body or in

the far field. These tests also indicate that changes of the aerody-

namics of the airplane result in only small changes in the boom pressures
in the far field.

Figure 4 shows the theoretical variation of" 2_p with the remaining

variables in the equation: altitude, Mach number, fineness ratio, and

body length. Initial conditions indicated by the arrows are Z/d = 14.0,

= 190, M = 2.0, and an altitude of 40,000 feet.

It should be noted that altitude has a twofold effect; namely,

that of distance and of ambient pressure. It is obvious from figure 4

that the pressure decreases very rapidly with altitude. The pressure

increases as Mach number increases but at a very slow rate above

M = i.I. Increasing body fineness ratio is beneficial in that the pres-

sure varies inversely with the fineness ratio. Increasing the body

length while maintaining the same fineness ratio is detrimental.

Equation (i) has been successfully used by many investigators to

predict the pressures in the near field, as for the case of close passes

of airplanes, where the distances involved are relatively small. (See

refs. 4 and 5.) In this case the variables accounted for by the equa-

tion appear to be of primary importance. Equation (i) accounts for

thickness only and does not include any effects of lift. The effects

of lift in the downward direction are believed to be in phase with, and

should add to, the effects of thickness and result in increased shock

strength. The contribution of the lift is believed to be small at mod-

erate altitudes but may become of greater importance for high-altitude

operations. (See ref. 6.) In the present discussion an attempt is made

to extend the use of this equation to the case of the observer on the

ground, or in the far field, wherein the distances involved are relatively

large. For this case, variables such as wind direction, wind velocity

and temperature gradients, airplane flight path, and atmospheric losses

may be of importance.
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As an introduction to the far-field noise problem, or the exposure

of people and structures on the ground to the shock front, it is helpful

to review briefly the phenomena of shock-wave propagation. In general,

a shock wave will not extend to the ground (and, consequently, no boom

will be heard) unless the airplane local free-stream Mach number is

greater than unity and the airplane velocity at altitude is greater than

the velocity of sound at the ground. Thus, depending on the effects of

existing temperature and wind conditions on shock-wave propagation, a

boom may or may not be heard when the airplane is operated at supersonic

Mach numbers. By assuming the conditions of a standard atmosphere, these

propagation phenomena are illustrated in figure 5 for two steady-flight

conditions where, for simplicity, only the bow waves are considered.

At a Mach number of 1.1 the bow wave does not extend all the way

to the ground. If the temperature were constant at all points between

the airplane and the ground, the bow wave would take the position of

the dashed llne and would intersect the ground. There is, however, a

temperature gradient present_ the ambient temperature at ground level

is higher than at altitude. This temperature gradient affects the shape

of the wave because the lower extremities propagate faster than the

upper extremities and, thus, result in a "bending forward" of the wave

as shown. This te..._rperatl_eeffect is beneficial s_nce, in some cases

at low supersonic Mach numbers, it causes the wave to miss the ground

completely. In the second case, where the local airplane Mach number

is 2.0, the speed of the airplane exceeds the speed of sound at ground

level and the wave front reaches the ground despite its curving because

of the temperature gradient. Wind gradients have similar effects on

the wave propagation and may either increase or decrease the curvature

of the wave.

In connection with the pressures on the ground, therefore, it is

recognized that there is a flight regime at low Mach numbers where the

shock wave may not reach the ground. This condition is significant with

regard to operations at low supersonic speeds in acceleration and decel-

eration near airports. However, in the steady-flight condition of higher

supersonic Mach numbers, it is apparent that the shock wave will reach

the ground_ and this condition is the one primarily discussed herein.

OPERATIONAL FACTORS

The data of figure 6 show the pressure changes associated with

the booms experienced near the flight track from some practical steady-

flight operations of a supersonic airplane at various altitudes. The

theoretical curve shown was calculated for a McDonnell F-101J airplane

by using equation (I) and assuming KI = 2.0, K2 = 0.645, M = 1.3,



288

and Z/d = 7.7 where Z = 67 feet. The four experimental data points

shown were recently measured for the airplane in the Mach number range

from 1.25 to 1.4 and an altitude range of 25,000 to 45,000 feet. The

circled data points were taken under different atmospheric conditions

than were those designated by the square symbols. Examination of

atmospheric-sounding data for the circled data points indicated that

there were moderate headwinds of from 0 to 30 feet per second at alti-

tude. Atmospheric-sounding data represented by the square symbols

indicated a very similar temperature gradient, closely simulating that

of the standard atmosphere, but a tailwind of from 60 to i00 feet per

second existed at altitude. The data seem to fall into two groups, both

of which show the same relative decrease with altitude as the theory

predicts. It will be noted that the data fall on each side of the cal-

culated curve for these two widely varying atmospheric conditions.

Although not enough data are available for definite conclusions to be

drawn, it does appear that equation (i) should be used with caution to

predict pressures in the far field in cases of extreme variations in

atmospheric conditions.

So far, only the observer on or near the flight track has been con-

sidered. From practical considerations an investigation of the extent

to which the boom spreads outward from the track is also of interest.

Some insight into this phenomenon is given in figure 7 in which both cal-

culated and experimental data are again given for the F-IOIJ airplane

at an altitude of 35,000 feet traveling at a Mach number of 1.3. In

this figure the pressures are shown as a function of lateral distance

from the track in miles. The theoretical curve is given by equation (1),

where y represents the slant distance from the airplane to the observer

station. This calculation of equation (1) indicates a maximum pressure

along the flight track, a decreasing pressure with increasing lateral

distance, and a sudden "cutoff" due to refraction effects. The refrac-

tion effects arise from the previously discussed temperature gradients.

(See fig. 5.) As indicated schematically in the sketch in figure 7,

the ray paths emitting from the airplane are turned upwards as they

approach the ground_ The experimental data confirm, in general, the

trends predicted by equation (1) and, in _articular, the extent to which

the boom spreads laterally. In that the terrain between observer sta-

tions was fairly flat and the surface winds quite low, it is believed

that the effects of terrain and surface winds on the results indicated

were minor.

Equation (i) has also been used to predict the pressure along the

flight track of a possible future Mach number 3.0 transport airplane with

fineness ratio Z/d of 12.8 and a fuselage length Z of 208 feet.

These results are presented, along with similar calculations for the

F-101J airplane at a Mach number of 1.3, for comparison in figure 8.

Perfect reflection was again assumed in both cases, and a value of K2

of 0.61 was taken for the Mach 3.0 transport airplane. At a given alti-

tude, the difference in the calculated pressures is mainly due to the
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size and shape of the two airplanes; the other factors are secondary.

(See fig. 4.) It is apparent that the pressures associated with the

future transport airplane are higher, but it should be remembered that

this airplane will cruise at much higher altitudes.

The following table_ which is based on the material of reference 7

and the present tests, attaches some significance to the order of magni-

tude of pressures to be expected.

Shock-noise phenomena

Z_p, 2_p, Resulting physiological Associated physical

lb/ft 2 decibels reaction phenomena

0.1 to 0.3 108 to ll8 Not objectionable

0.3 to 1.0

1.0 to 3.0

3.0 to i0.0

i0.0 to 30.0

118 to 128

128 to 138

138 to 148

148 to 158

Tolerable

Objectionable

Barely audible

explosion

Distant explosion

or thunder

Close-range thunder

and some window

damage

Damage to large

plate-glass
windows

Definite damage to
small barracks-

type windows

This table presents some shock-noise phenomena for various pressures

along with the equivalent decibel values. Also indicated in the table

are some observations by people who have experienced this type of noise

along with some well-known physical phenomena that occur at the same

pressure values. For the particular tests of this investigation where

the ground pressures did not exceed 1.0 pound per square foot_ the

observers did not consider the booms objectionable and likened them to

a distant thunder or explosion. For pressures exceeding 1.0 pound per

square foot the observers considered the boom objectionable and, in

addition, a large plate-glass window in the test area was broken at a

pressure of about 2.0 pounds per square foot. For higher pressures of

from 3.0 pounds per square foot to 30.0 pounds per square foot it was

indicated in reference 7 that definite damage to large plate-glass win-

dows and smaller barracks-type windows would occur.
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With regard to the window breakage noted during the test, it is
believed to be significant that similar windows on either side of the
broken window did not break. &_is result would indicate that the pres-
sures in this test were near the magnitude where damagewould begin to
occur for commercially installed plate-glass windows.

With an appreciation established for the mechanismof generation
of the boom, for the operational and atmospheric factors that affect it,
and for the associated physical phenomena,an examination was madeof
how the shock-wave noise problem may influence future airplane flight
plans.

Proposed altitude profiles are shownin figures 9 and lO for the
previously discussed Mach3.0 transport airplane on a cross-country
flight, along with an indication of the intensity and lateral speed of
the boompressures. The nominal flight plan of figure 9 can be associ-
ated with optimum performance and the plan of figure lO with having
taken into consideration the "boom" problems. In both plans the same
amount of fuel is consumed,but in the optimum-performance plan the
distance is covered in about 13 minutes less time. The only difference
between the two plans is in the climb and descent phases, as shown. In
the optimum-performance plan the climb and descent are madeat maximum
allowable indicated airspeed, which results in high supersonic speeds
at low altitudes and, therefore, produces pressures of about 5 pounds
per square foot along the flight track. During the cruise portion of
the flight plan, which begins about 300 miles from take-off, the pres-
sures are of much lesser intensity (0.5 pound per square foot) but
extend laterally about 60 miles. In an attempt to minimize the pres-
sures during the critical phases of climb and descent, the alternate
flight plan of figure lO which results in the samefuel consumption but
requires a longer flight time has been proposed. In this plan the climb
and descent phases are madeat subsonic speeds to someintermediate
altitude of perhaps 35,000 feet at which time the airplane is about
80 miles from the point of take-off, and then the Machnumber is
increased at constant altitude to about 2.0. A supersonic climb is
then madeto the cruise altitude of 70,000 feet, and the airplane has
attained a distance of about 400 miles from the point of take-off. For
this alternate flight plan, pressures of about 2.5 pounds per square
foot are experienced during the climb and descent phases, as compared
with 5.0 pounds per square foot for the previous plan of figure 9.
Since both flight plans are similar during the cruise phase, similar
pressures result. It is obvious from the results that the boomwill be
experienced for a major portion of the flight plan.
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CONCLUDING R_NARKS

It has been pointed out that for the proposed supersonic transport

airplanes of the near future, booms on the ground will most probably be

experienced during the major portion of the flight plan. The boom pres-

sures will be most severe during the climb and descent phases of the

flight plan. During the cruise phase of the flight, the boom pressures

are of much lesser intensity but are spread laterally for many miles.

Wind-tunnel studies thus far indicate that changes of the aerodynamics

of the airplane will result in only small changes in the boom pressures;

however, the manner in which the airplane is operated does appear to be

significant. For example, the boom pressures during the climb, cruise,

and descent phases can be minimized by operating the airplane at its

maximum altitude consistent with its performance capabilities.
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SEVERALMETHODSFORREDUCINGTHEDRAGOFTRANSPORT

CONFIGURATIONSAT HIGHSUBSONICSPEEDS

By Richard T. Whitcomband Atwood R. Heath, Jr.

Langley Research Center

SUMMARY

Results of investigations of several promising methods for allevi-
ating the drag rise of transport configurations at high subsonic speeds
are reviewed briefly. The methods include a wing leading-edge extension,
a fuselage addition, and additions on the wing. Also, results are pre-
sented for a complete, improved transport configuration which incorpo-
rates the fuselage and wing additions and show that the improved con-
figuration could have considerably higher cruise speeds than do current
designs.

INTRODUCTION

The cruise speeds of the current subsonic jet transports are limited
by the severe drag rise of these airplanes as they approach the speed of
sound. Numerousdesign variations for delaying and reducing this drag-
rise have been investigated in past years. Also, a number of new varia-
tions have been studied relatively recently. To provide an indication
of possible future improvements of the performance of subsonic trans-
ports, results for someof the morepromising of these recent modifica-
tions are described in the present paper. The variations discussed
include somewhich might be incorporated in existing transport configu-
rations without excessive redesign or modification and others of more
complex nature which could probably be incorporated only in new trans-
port designs.

DRAG-RISEPEENOMENA

An indication of the magnitude of the increase in drag at high sub-
sonic speeds is illustrated by the wind-tunnel results presented in fig-
ure 1. Presented in this figure is the variation of drag coefficient
CD with Mach number M for a configuration similar to the current jet
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transports. The wing has 35° of sweepand an aspect ratio of 7. The
results are presented for a lift coefficient CL of 0.3, which is near
the values for cruise of the current Jet transports. As maybe seen,
the drag coefficient starts to rise at Machnumbers somewhatabove 0.80.
At a Machnumber of 0.92, the drag coefficient is twice that at the
lower speeds. For most of the current jet transports, the maximumMach
numbers are limited to approximately 0.88, while the speeds for reason-
ably efficient cruise are somewhatless than this value.

At the lift coefficients normally utilized for jet transports, the
drag rise results primarily from separation of the boundary layer on the
upper surface of the wing induced by the presence of a shock wave asso-
ciated with the development of a local region of supersonic flow above
the wing. The boundary-layer separation phenomenonis illustrated in
figure 2. Shownin this figure are flow patterns in a thin film of oil
on the upper surface of the wing of the configuration shown in the pre-
vious figure for a Machnumberof 0.88 at a lift coefficient of 0.4.
The film of oil is madevisible through illumination by ultraviolet
light. The flow of oil conforms with the local flow in the boundary
layer and provides an indication of the nature of that flow. (See
ref. i.) The sharp change of the oil thickness along the midchord of
the sections indicates the initiation of boundary-layer separation.
The outward flow of oil on the rearward portion of the wing indicates a
boundary-layer flow that is typical of separation on a sweptback wing.

METHODSOF IMPROVEMENT

To provide improvements in the drag at high subsonic speeds, the
shock-induced boundary-layer separation on the wing must be reduced.
The more significant means for accomplishing this action are as follows:

Direct boundary-layer control
Fences
Vortex generators
Suction or blowing

Reduction of shock strength
Wing modifications

Additional sweep
Reduced thickness ratio
Redistribution of camber
Leading- or trailing-edge extensions

Fuselage changes
Streamline contouring
Area-rule shaping
Concentrated additions

Additions on wing
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The methods may be divided into two broad groups: First, those which
provide a direct action on the boundary layer and, second, those which
reduce the strength of the shock wave, with a resulting alleviation of
separation. The methods of the first group usually provide only rela-
tively small reductions of shock-induced separation. Therefore, the dis-
cussion presented herein will be limited to methods for reducing the
strength of the shock wave. Of the various methods listed, results will
be presented for the wing extensions, fuselage additions, and additions
on the wing.

Wing Modifications

The most powerful meansof reducing the shock strength is wing
sweep. (See ref. 2.) However, for the wings used for subsonic trans-
ports, large amounts of sweepnormally result in very severe pitch-up.
Thus, the sweepangles used for the current transports have been limited
to moderate values. The shock strength may also be reduced by reducing
the thickness ratio of the wing (ref. 3) and modifying the camber dis-
tribution (ref. 4). Each of these wing changes normally would require
a complete redesign of the wing. For existing wing designs, improve-
ments in these wing parameters maybe obtained effectively by adding
leading-edge and trailing-edge extensions to the basic wing structures.
Results obtained for such a leading-edge extension on a wing with 40° of
sweepare presented in figure 3. The extension was 20 percent of the
chord at the wing-fuselage Juncture and tapered to zero at the 50-percent-
semispan station. It maybe seen that the extension provides a signifi-
cant delay of the drag rise at a lift coefficient of 0.3. However, such
a modification also results in an adverse effect on the pitch-up similar
to that obtained for a moderate increase in wing sweepback.

Fuselage Changes

Amongthe changes of fuselage shape to reduce the shock strength
are those which provide a fuselage contour which is alined with the
streamlines of the flow over a sweptback wing (ref. 5) and those which
improve the longitudinal area distribution for the airplane on the basis
of the area rule (ref. 6). For configurations similar to subsonic trans-
ports, these fuselage contours provide moderate delays in the drag rise
(refs. 3 and 7); however, these shapes have not as yet been utilized in
transport designs, since the improvementshave not justified the struc-
tural complexity involved. More recently, a fuselage addition for
redacting the shock strength which does not involve such severe problems
of application has been investigated. (See ref. 8.) This addition,
which is concentrated on the forward portion of the top of the fuselage
(fig. 4), provides a desired fuselage camber as well as improving the
area distribution. The basic configuration is the sameas that shown
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in figure 1. The fuselage addition results in a delay in drag rise
approximately the sameas that provided by the more extensive stream-
line contouring or normal area-rule shaping.

Additions on Wing

Changesdescribed in the previous section generally provide a
significant reduction of separation on the inboard sections of a wing
but result in little reduction of separation on the outer regions of the
high-aspect-ratio wings normally utilized for subsonic transports. In
order to reduce the separation on these regions, special bodies added to
the wing, as shownin figure 5, have been proposed. (See ref. 9.) These
bodies might be added to an existing configuration or incorporated in a
new _esign. The bodies are entirely above the wing as shownin the
cross section in figure 5 and extend from near the leading edge of the
wing to beyond the trailing edge. The noses of the bodies decelerate
the local supersonic flow ahead of the shock wave standing above the
wing and thus reduce the strength of this wave. Results of an investi-
gation of the effect of the bodies on the drag coefficient for the wing-
fuselage combination of the configuration shownin figure 1 are shownin
figure 5. The additions provide a considerable reduction of the drag
at high subsonic speeds at a lift coefficient of 0.3. The reduction of
the boundary-layer separation associated with this reduction of drag is
illustrated by comparison of the surface oil flow for the configuration
with the bodies (fig. 6) with that for the configuration without the
added bodies (fig. 2). With the bodies added, the sharp change of oil
thickness and the strong outflow of oil associated with boundary-layer
separation on the basic wing are essentially eliminated.

The bodies added to the wing (fig. 5) also provide marked allevia-
tion of the pitch-up for swept wings throughout the Machnumber range.
This effect is illustrated in figure 7, which presents the variation of
pitching-moment coefficient Cm with lift coefficient CL at a Mach
numberof 0.88 for the configuration Just discussed with and without
the addedbodies. The curve for the configuration without the added
bodies has a severe break in the slope near a lift coefficient of 0.3.
Such a break would usually result in pitch-up for an actual airplane.
With the bodies added, this adverse break is eliminated.

IMPROVEDCONFIGURATION

In order to demonstrate the improvements in drag at high subsonic
speeds that might be obtained for a new transport design incorporating
several of the devices just described, a configuration representative
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of such a design has been investigated recently. The test configuration
is shownin figure 8. An addition has been attached to the top, forward
portion of the fuselage. Six bodies have been added to the wing. The
four inner bodies have been madesufficiently large to enclose engines.
The air inlets for engines placed in these bodies would be near the
leading edge of the lower surface of the wing. However, no inlets are
incorporated in the model investigated. Placement of the engines in
these fairings, of course, eliminates the drag of the engine installa-
tion in the normal underslung location. This drag maybe relatively
large at the higher subsonic speeds.

The sweepof the improved configuration of figure 8 has been
made45°. The significant alleviation of the pitch-up of sweptback
wings provided by the added bodies considerably relaxes the limitation
on wing sweeppreviously imposedby these adverse changes. With the
use of these bodies, sweeps considerably greater than the 30° or 35°
used for current transports should be practical. The aspect ratio of
the configuration is 7, which is approximately the value for most cur-
rent transports. The thickness of the wing varies from ll.5 percent of
the chord at the root to approximately 7.5 percent of the chord at the
50-percent-semispan station with a thickness of 7.5 percent of the chord
from that station to the tip. The wing is camberedto obtain a lift
distribution which should provide good high-speed characteristics at a
lift coefficient of 0.3.

In figure 9, the variation of drag coefficient with Machnumberat
a lift coefficient of 0.3 for this improved configuration is compared
with that for the representative current configuration of figure 1. At
high subsonic speeds, the drag characteristics for the improved configu-
rations are markedly superior to those for the current design. These
improvements in drag should result in considerably higher cruise and
maximumspeeds. With the samerelative thrust of the current transports,
the improved configuration could fly at or very near the speed of sound.
The stability characteristics throughout the speed range and the maximum
lift at low speeds for the improved configuration are satisfactory. How-
ever, although such a configuration offers possibilities for markedly
improving aerodynamic characteristics, the design of an actual transport
airplane based on such a configuration would, of course, require consid-
eration of a numberof other important factors.

CONCLUSIONS

Results have been presented which indicate that a wing leading-edge
extension, a localized addition on the fuselage, and additions on the
wing can provide significant reductions of the drag rise at high sub-
sonic speeds for configurations similar to current subsonic Jet



3O4

transports. Such additions possibly could be incorporated into current

transports_ without excessive redesign_ to provide some increases of the

cruise speeds for these configurations. Utilization of the fuselage and

wing additions in new, improved designs should result in subsonic trans-

ports with considerably higher cruise and maximum speeds.



41Y 3o5

REFERENCES

i. Loving, Donald L., and Katzoff, S.: The Fluorescent-0il Film Method

and Other Techniques for Boundary-Layer Flow Visualization. (Pro-

spective NASA Report.)

2. Sutton, Fred B., and Dickson, Jerald K.: A Comparison of the Longi-

tudinal Aerodynamic Characteristics at Mach Numbers Up to 0.94 of

Sweptback Wings Having NACA 4-Digit or NACA 64A Thickness Distri-

butions. NACA RMA54FI8, 1954.

3. Carmel, Melvin M.: Transonic Wind-Tunnel Investigation of the

Effects of Aspect Ratio, Spanwise Variations in Section Thickness

Ratio, and a Body Indentation on the Aerodynamic Characteristics

of a 45 ° Sweptback Wing-Body Combination. NACA RML52L26b, 1953.

4. Harrison, Daniel E.: The Influence of a Change in Body Shape on the

Effects of Twist and Camber As Determined by a Transonic Wind-

Tur_uel Investigation of a 45 ° Sweptback Wing-Fuselage Configuration.

NACA RML53B03, 1953.

5. _dchemann, D.: Design of Wing Junction, Fuselage, and Nacelles To

Obtain the Full Benefit of Sweptback Wings at High Mach Number.

Rep. No. Aero. 2219, British R.A.E., Oct. 1947.

6. Whitcomb, Richard T.: A Study of the Zero-Lift Drag-Rise Character-

istics of Wing-Body Combinations Near the Speed of Sound. NACA

Rep. 1273, 1956. (Supersedes NACA RM L52H08.)

7. McDevitt, John B., and Haire, William M.: Investigation at High Sub-

sonic Speeds of a Body-Contouring Method for Alleviating the Adverse

Interference at the Root of a Sweptback Wing. NACA TN 3672, 1956.

(Supersedes NACA RMA54A22.)

8. Whitcomb, Richard T.: A Fuselage Addition To Increase Drag-Rise Mach

Number of Subsonic Airplanes at Lifting Conditions. NACA TN 4290,

1958.

9. Whitcomb, Richard T.: Special Bodies Added on a Wing To Reduce

Shock-lnduced Boundary-Layer Separation at High Subsonic Speeds.

NACA TN 4293, 1958.



DRAG RISE FOR REPRESENTATIVE CURRENT JET 
WITH WING SWEEP OF 35' 

BOUN 

.03 

CD 

" ' O 2  

TRANSPORT 

I I 
.9 I .o 
M 

L 
O .A 

Figure 1 

DARY-LAYER FLOW ON W I N G  WITH 35" 
Ct ~0.4; M = 0.88 

SWEEP 

Figure 2 



3o7

EFFECT OF WING LEADING-EDGE EXTENSION ON DRAG RISE

CL=0.3

.05

.02

CD

.01

/

_ _- _i _TE.S,O_o.W,NG

0 I I i
.8 .9 1.0

M

Figure 3

EFFECT OF FUSELAGE ADDITION ON DRAG RISE

CL=0.3

.O4

.03

C D .02

.01

0 I
.8

BASIC / ///

FUSELAGE--'x/ x/
/ /"'_- ADDITION

//' ON FUSELAGE

I I

.9 1.0
M

Figure 4



EFFECT OF BODIES ADDED TO WING ON DRAG RISE 
C ~ z 0 . 3  

1 I 
.9 1.0 

L 
O .A 

M 

Figure 5 

BOUNDARY - LAYER FLOW ON WING WITH SPECIAL BODIES ADDED 
cL = 0.4; M = 0.88 

I 

Figure 6 



EFFECT OF WING ADDITIONS ON LONGITUDINAL 
PITCHING MOMENTS 

WITHOUT BODIES 

Cm 
-.06 1 \ 

\ 

?\ 
t WITH BODIES ' '\ 

LL 

Figure 7 

WIND-TUNNEL MODEL OF IMPROVED 
JET-TRANSPORT CONFIGURATION 

Figure 8 



31o

.o5

.04

.03

c D

.02

.01-

_I
0 .8

COMPARISON OF DRAG RISE FOR CURRENT

AND IMPROVED JET-TRANSPORT CONFIGURATIONS

CL:O.3

I I
.9 I.O
M

Figure 9



311

POWERPLANTSFORSUPERSONICTRANSPORTAIRPLANES

By Arthur V. Zlmmerman

Lewis Research Center

INTRODUCTION

With the introduction of subsonic turbojet transports into airline
operation currently taking place, attention is nowbeing focused on the
feasibility of supersonic jet transports. The purpose of the present
paper is to discuss one of the problem areas that will be encountered in
developing a supersonic transport - the propulsion system. A comparison
of the performances of several basic turbine-engine types is presented
with emphasis on turbojet and turbofan engines suitable for transports
cruising in the flight Machnumberrange from 1.5 to 3.0. Someof the
engine componentproblems that becomeincreasingly important as flight
speeds are increased are discussed briefly.

DISCUSSION

Operational military airplanes designed for supersonic flight use
turbojet engines, and the turbojet engine is also a suitable choice for
a supersonic transport. In order to evaluate the potentialities of
turbojet engines, three basic types were analyzed. They are illustrated
schematically in figure 1. The engines investigated were a low- and a
high-turbine-inlet-temperature nonafterburning engine and an afterburnlng
engine. The low-temperature nonafterburning engine has a turbine-inlet
temperature of 1,540° F which is a conservative temperature within the
present state of the art. The high-temperature nonafterburning engine
has a turbine-inlet temperature of 2,040° F which represents a possible
future temperature capability obtainable through advances in either
turbine-blade materials or in the development of turbine-blade cooling.
The afterburning engine, of course, provides a meansof obtaining high-
cycle temperatures without exceeding current turbine temperature limi-
tations. The afterburning engine investigated has a turbine-inlet
temperature of 1,540° F and an afterburning temperature at cruise of
2,040° F.

The cruise performances of these engines are compared in figure 2.
Cruise performance is presented in terms of specific fuel consumption
and specific engine weight - that is, engine weight per pound of thrust
at cruise. Each curve represents the performance of a family of engine
designs. The engines are designed to cruise at flight Machnumbers
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from 1.5 to 3.0. The design compressor pressure ratio (at sea-level
static flight condition) was varied from 12 to 1 for the engines cruising
at a Machnumber of 1.5 downto 6 or 8 to 1 for the engines cruising at
a Mach numberof 3.0. The specific engine weights shownin figure 2 are
based on a variation in cruise altitude from 45,000 feet at a Machnum-
ber of 1.5 to 60,000 feet at a Machnumber of 3.0.

Making an engine selection involves a compromisebetween engine
weight and specific fuel consumption. For example, at a Machnumber
of 1.5, the 1,540° F nonafterburning engine provides the best specific
fuel consumption but, because of its low thrust, it also results in the
highest engine weight. Specific engine weight can be measurably reduced
by increasing turbine-inlet temperature to 2,040° F with only a small
increase in specific fuel consumption. Onthe other hand, if a higher
turbine-inlet temperature capability does not becomea reality and engine
specific weight must be reduced by afterburning, then the specific-fuel-
consumption penalty becomessevere.

As flight speed is increased, the performance of the 1,540° F non-
afterburning engine decreases, as comparedwith the performance of
engines with higher cycle temperatures. At a Machnumberof 3.0, the
2,040° F nonafterburning engine, in addition to having a lower specific
weight, also has a better specific fuel consumption. Also, at a Mach
numberof 5.0, the specific-fuel-consumption penalties of using an after-
burning engine are substantially more acceptable than at the lower flight
speeds. A large reduction in specific engine weight can be obtained by
afterburning with only a moderate increase in specific fuel consumption.

Because of the compromisesthat must be madeamongengine weight,
thrust, and specific fuel consumption, an overall evaluation of the
three engine types requires a mission analysis. The mission selected
was that of a supersonic transport with a gross weight of 300,000 pounds
and a payload of 57,000 pounds. In a comparison of engine types, sev-

eral figures of merit can be used. For the present analysis, the gross

weight and payload of the transport were held fixed, and the transport

range was used as a measure of engine performance capability. As in all

mission studies, the absolute results are strongly dependent not only on

engine performance but also on the aircraft aerodynamic and structural

weight assumptions. Therefore, the results to be presented are useful

primarily for comparing propulsion systems rather than for defining

overall aircraft capability. The results of the mission study are shown

in figure 5. Relative range is presented as a function of cruise flight

Mach number for transports powered by the three turbojet engines under

consideration. The ranges shown are relative to the ranges obtained by

a transport with 2,040 ° F nonafterburning engines. This range curve,

therefore, appears as a straight line.
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As mentioned previously, the afterburning engine has an afterburning

temperature of 2,040 ° F during cruise, but for take-off and climb the

afterburning temperature was increased to 3,040 ° F.

In a comparison of the two nonafterburnlng engines, the 2_040o F

engine provides a better range than the 1,540 ° F engine at all flight •

speeds. This is due to the better specific weight of the 2,040 ° F engine

at the lower flight speeds and to both its better specific weight and

specific fuel consumption at the higher flight speeds. These results

indicate that, for nonafterburning engines, turbine-inlet temperatures

should be as high as possible consistent with engine life and reliability

requirements. However, if turblne-inlet temperatures cannot be raised

much above current levels, the range penalty at the lower supersonic

flight speeds is not marked. Up to a flight Mach number of 2.0# the

range of the 1,540 ° F engine is 12 percent less than that of the 2,040 ° F

engine. When flight speeds are increased above a Mach number of 2.0, the

range of the 1_540 ° F engine begins to decrease rapidly. If turbine-

inlet temperatures cannot be raised above current levels, then above a

Mach number of 2.5 the best range is obtained with an afterburning engine.

In summary, nonafterburning engines with current temperature limita-

tions appear adequate to flight Mach numbers of 2.0, although higher

turbine-inlet temperatures are beneficial. As flight speed is increased

above a Mach number of 2.0_ the use of higher cycle temperatures becomes

increasingly desirable, and above a Mach number of 2.5 either a higher

turbine-inlet temperature capability or an afterburning engine is

required.

For subsonic jet transports, the turbofan engine is a strong com-

petitor to the turbojet. Therefore_ consideration of turbofan engines

as powerplants for a supersonic transport is also in order. There are

many possible configurations for a turbofan engine. A schematic illus-

tration of the particular configuration investigated for this study is

shown in figure 4. A representation of the turbojet engine is included

for comparison. The turbofan engine shown in the top view is a twin-

spool_ mixed-jet design. It consists of a fan, a compressor_ a primary

combustor, and turbines which drive the compressor and fan. The inner

spool of the engine consists of the compressor and the compressor-driving

turbine and the outer spool consists of the fan and the fan-driving tur-

bine. The configuration of the turbofan shown in figure 4 works as

follows: The engine air flow is compressed by the fan and part of the

air is delivered to the compressor. The remainder of the air is bypassed

around the compressor and turbines to the tailpipe. The portion of the

air entering the compressor is compressed_ heated in the primary com-

bustor, and expanded across the turbines. For the mixed-Jet configura-

tion shown, the turbine discharge gases are then mixed with the bypassed

air flow prior to expansion through the exhaust nozzle. Insofar as per-

formance is concerned, the essential difference between the turbojet and
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turbofan engines is in their exhaust-gas temperatures. The exhaust-gas

temperature of the turbofan engine, due to the bypass flow_ is signifi-

cantly lower than that for the turbojet engine. The lower exhaust-gas

temperature of the turbofan engine accounts for its better specific fuel

consumption at subsonic speeds. The lower exhaust-gas temperature, how-

ever, also results in a lower thrust per pound of engine air flow.

The cruise performances of the nonafterburning turbofan and turbo-

jet engines are compared in figure 5. Again, performance is presented

in terms of specific engine weight and specific fuel consumption. The

turbofan engine shown has a design fan pressure ratio of 1.8, and at

sea-level static conditions approximately 40 percent of the fan air flow

is bypassed to the tailpipe. Both the turbojet and the turbofan engines

have turbine-inlet temperatures of 1,540 ° F. The resulting exhaust-gas

temperature for the turbojet engine is approximately 1,100 ° F, whereas

the exhaust-gas temperature of the turbofan engine is only approximately

700 ° F.

At the lower supersonic flight speeds, the turbofan engine has a

better specific fuel consumption than the turbojet engine. However, due

to its lower exhaust-gas temperature the turbofan engine also has a lower

thrust per pound of engine air flow and this is reflected in a higher

specific engine weight. As flight speed is increased, the performance

of the nonafterburning turbofan engine deteriorates because of its lower

exhaust-gas temperature, and both specific fuel consumption and specific

engine weight rise rapidly.

When afterburning configurations of the turbofan and turbojet engines

are compared, the result is different, since afterburning engines can

achieve the same exhaust-gas temperature. The cruise performances of

afterburning versions of the turbojet and turbofan engines are compared

in figure 6. Both engines have turbine-inlet temperatures of 1,540 ° F

and afterburning temperatures of 2,040 ° F. When afterburning engines

are compared, the specific weight of the turbofan engine investigated

is better than that of the turbojet engine. On the other hand, at the

lower flight speeds, the specific fuel consumption of the turbojet is

superior to that of the turbofan. However_ at the higher flight speeds,

where the afterburning engine might be of interest, the specific fuel

consumption of the two engines is virtually the same.

In order to evaluate the overall potentialities of turbofan engines

as powerplants for supersonic transports, a mission study similar to the

one for the turbojet engine was made. The gross weight of the transport

was 300,000 pounds, the payload _s 57,000 pounds, and the transport

range was used as a measure of engine performance capability. The

results of the mission study are shown in figure 7. Some of the turbo-

jet data shown previously are included for reference. As in figure 3,

the ranges shown are relative to the ranges obtained by a transport with
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2,040° F nonafterburning turbojet engines. This range curve, if indi-
cated in figure 7, would be a straight llne with a value of 1.O. The
engines compared in figure 7 have turblne-inlet temperatures of 1,540° F.

Consider the two nonafterburning engines first. As has been indi-
cated by the engine-performance comparison, the range capability of the
nonafterburning turbofan is inferior to the capability of the nonafter-
burning turbojet, particularly as the flight Machnumber is increased
above 1.5. Therefore, the nonafterburning turbofan engine does not
appear to be as attractive as the nonafterburning turbojet engine for
supersonic transport application. However, when afterburning configura-
tions are considered, the turbojet and turbofan engine capabilities are
comparable over the entire flight speed range. Again, the turbojet
engine might be the better choice since it is simpler and would tend to
have fewer development problems.

Aside from flight performance, other factors influence engine selec-
tion. Two important ones that are related to engine type are engine
noise level at take-off and take-off distance. Engine noise level at
take-off can be related to the engine Jet velocity which, in turn, is
a function of exhaust-gas temperature. Clearly, if engines with higher
exhaust-gas temperatures are used, the problem of engine noise during
_'_..... _^_ _ _ be _._-°....... +_a _ p_1_._e__will be =_arti_ularly__ severe

if afterburning engines are used. If the noise problem dictates take-off

and climb with the afterburner inoperative, the resulting propulsion

system penalty is severe and the take-off distances become prohibitive.

Therefore, until effective means of noise suppression are developed,

the use of either afterburning turbojet or turbofan engines from pres-

ently located airports appears unlikely.

The major component problems that will be encountered in developing

an engine for supersonic flight are those associated with the inlet and

exhaust nozzle. As design flight Mach numbers are increased, inlets and

exits will become both larger and heavier portions of the engine. In

addition, efficient operation over wider ranges in flight speed may

require variable geometry designs. For example, to obtain efficient

cruise performance, inlets will be sized for the cruise flight condi-

tion. For the high Mach number designs, this will require relatively

large inlet capture areas. During climb at the lower supersonic flight

speeds, this capture area is excessive and the inlet will spill air flow.

This air flow spillage gives rise to large inlet spillage or additive

drags. One method for reducing the additive drags is to use variable-

geometry inlets capable of passing higher amounts of air flow at low

supersonic flight conditions. This method also requires an efficient

system to bypass the increased inlet air flow around the engine.

In order to obtain efficient performance, the exhaust nozzles, will

have to be supersonic designs such as the convergent-divergent nozzle
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shown in figure i. This type of nozzle may require both variable throat
and exit areas. This requirement is complicated by the fact that turbine
engines for a transport application will also require thrust-reversing
devices and noise suppressors installed in the exhaust section of the
engine.

CONCLUDINGREMARKS

Particular turbojet- and turbofan-engine configurations have been
investigated for supersonic transport application. There are, of course,
manyvariations of these two basic engine types. However, it is believed
that the data shownare characteristic of the differences that exist.
It appears that the nonafterburning turbojet engine will continue to be
a suitable transport powerplant as flight speeds are increased from sub-
sonic to supersonic. The major engine requirement will be the develop-

ment of a higher turbine-inlet temperature capability. In addition,
there will be a significant increase in inlet and exhaust nozzle com-
plexity as flight speeds are increased.
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SOME CONSIDERATIONS OF SUPERSONIC AND HYPERSONIC

AIRPLANES AS COMMERCIAL TRANSPORTS

By J. Lloyd Jones and David H. Dennis

Ames Research Center

INTRODUCTION

This paper, which is based upon present knowledge and upon the

assumption of reasonable state-of-the-art advances, attempts to examine

the feasibility of achieving economical flight at supersonic and hyper-

sonic speeds with commercial transport aircraft. It should be made

clear that this paper contains no new data; it is rather a survey of

the present status and of what developments might be expected of trans-
ports in the foreseeable future.

The undeniable desire of man to "get there faster" is, of course,

a prime impetus to achieve ever higher travel speeds. It is, thus,
good business for the commercial airline to be the "first with the

•=_. _±_ii_ _±±_11_ _p=_ _c, of course, attractive from the

standpoint of economics, because the faster an airplane flies the more

passenger-miles or ton-miles it will yield in a given period of time.

SYMBOLS

specific impulse,

V velocity, mph

L/D lift-drag ratio

W weight

M Mach number

T temperature, OF

S wing area

Pounds of thrust

Pounds of fuel per hour



522

Subscripts:

e effective

s satellite

DISCUSSION

Supersonic or hypersonic transport aircraft seem best suited to the

intercontinental and long-range domestic routes. For the purposes of

this discussion, an ultimate range of 5,000 statute miles has been

assumed. The ultimate range is used as being the best basis for compar-

ison of the capabilities of aircraft having given empty weights. In

1957, the total long-haul traffic of United States airlines on both
domestic and international routes amounted to about 1 billion ton-miles.

Herein, 3 billion ton-miles will be used arbitrarily as a future long-

haul annual traffic volume for the time period that the supersonic or

hypersonic transport might be in service.

Figure 1 shows the relative number of aircraft required to provide

this traffic capability as a function of cruise Mach number. A 56,000-

pound payload has been assumed with a utilization of 8 hours per day.

The number of aircraft, although plotted against cruise Mach number, is

based on an average speed which has been calculated to include a 1/4-

hour allowance for taxi, take-off, approach, and landing with accelera-

tion limited to 0.2g and deceleration determined according to aerody-

namic drag. Variation of the traffic, payload, or utilization would

affect the absolute number of airplanes required at a given speed but

would not change the relative requirements. A significant reduction in

the size of fleet required at supersonic speeds is indicated. No

attempt has been made to consider route structure or scheduling. There

is, of course, a practical minimum number of aircraft compatible with

the number of routes to be serviced.

Although fewer aircraft are required at supersonic speeds, each

will undoubtedly cost more to buy and to operate. As a basis for esti-

mating relative costs, it is necessary to know something of the size of

the aircraft being considered and its fuel requirements. For considera-

tion of the latter, reference may be made to the Breguet range equation,

one form of which is given as

L) log e WINITIA LRange = (IV) _ e WFINAL
(1)
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where

: T,/D
e 1 V2

Vs 2

For most efficient performance, or for the greatest range with a given

ratio of initial weight to final weight, it is desirable to have both

(IV) and (L/D) e of equation (1) as large as possible. The effec-

tive lift-drag ratio is seen to contain a term to account for centrif-

ugal force in a curved flight path around the earth. This force is

opposed to the gravitational pull on the airplane and reduces the aero-

dynamic lift required to sustain the weight. The effect is noticeable

at a Mach number of 5.0, at which a 3_l-percent increase in effective

D is obtained, and grows in importance until at satellite speed
M _ 27) no aerodynamic lift at all is required.

The effect of Mach number on maximum obtainable effective lift-

drag ratio is illustrated in figure 2. The increase at the higher Mach

numbers results from the effect of centrifugal force. Maximum values

_ T /_ for ....... _ _ ..... _ _ _ _ _ "_ _/_ __ __uns b_ve been _ta_e_ In the _

band range (see fig. 2) in wind-tunnel tests. It must be pointed out

that many of these were idealized configurations and, in general, were

not representative of complete airplanes; also, the addition, in various

instances, of such components as stabilizing fins, engine inlets, or

pilot's canopy would reduce the measured values below this range. How-

ever, the reduction in the value of turbulent skin friction in extrapo-

lating these data to full-scale flight Reynolds numbers would, in gen-

eral, have a compensating effect. Actually, higher maximum lift-drag

ratios are theoretically possible. For instance, for a planar all-wing

configuration of optimum plan form for its design cruise Mach number,

theory predicts maximum values of L/D as indicated by the dashed-line

curve. In tests, these values have not yet been realized. The range

of maximum values of L/D indicated by the shaded band, however, is

used for the purposes of this study as being representative of what

might reasonably be expected to be obtained in flight by more conven-

tional wing-body configurations. Of greatest importance here, however,

is the relatively small variation in maximum values of L/D beyond Mach

numbers of approximately 1.5 as compared with the large reduction

through the transonic speed range.

The factor of the Breguet equation involving specific impulse and

velocity is, of course, affected by the type of propulsion system used.

This factor is plotted as a function of flight Mach number in figure 3

for the turbojet, the ram-jet, and the rocket engines with the range of

values for the piston engine shown for comparative purposes at subsonic



324

speeds. A logarithmic scale has been used for clarity. This comparison

of engine characteristics is an extension of that presented in refer-

ence 1. A rather wide range of values is shown in figure 3 for a given

Mach number.

To realize the maximum values shown in figure 5 for ram-jet, turbo-

jet, and rocket engines will require considerable advances over present

systems. If, through future development, certain of the high-energy

fuels can be utilized with transport-aircraft propulsion systems, addi-

tional increases in specific impulse might be realized. Different types

of propulsion systems are seen to be desirable in different speed ranges.

Each propulsion system has, of course, its own limitations, advantages,

and disadvantages, but time does not permit a detailed discussion of

these factors. Penalties for off-design performance would be greater

for the higher cruise-speed aircraft using ram-jet systems, and take-

off and landing would require special considerations. It may be neces-

sary, for instance, to develop compound systems to permit operation

over wider speed ranges. Of primary interest here, however, is the fact

that values of specific impulse times flight velocity at least as high

as have been dealt with at subsonic speeds may be realized at nearly all

supersonic speeds depending upon the propulsion system used.

By using average values of lift-drag ratio and the ranges of spe-

cific impulse times flight velocity which were just presented, the vari-

ation with Mach number of the ratio of initial weight to final weight,

for a range of 5,000 miles, has been computed and is shown in figure 4.

Reference 2 has defined an effective lift-drag ratio and an effective

product of specific impulse and velocity which permit the performance

of boost-glide and ballistic vehicles to be represented by the Breguet

equation. The ratios of initial weight to final weight for these vehi-

cles (fig. 4) were determined on this basis and have been used as end

points in establishing the trend of weight ratio with Mach number shown

in figure 5- Shown also in figure 4 are representative values of the

ratio of initial weight to final weight for subsonic piston, turboprop,

and turbojet transports. This ratio is indicative of the efficiency of

transporting a given load over the specified range. This means that if

the upper value of WINITIAL_FINA L of approximately 2.7 is used for

Mach numbers from 1.5 to 5, 1,700 pounds of fuel is required for every

1,000 pounds of final or landing weight. This is of little significance,

however, unless it is known how much of the final weight is payload and

how much is the operational empty weight of the aircraft, or, in other

words, what empty weight of airplane is required to perform a given ton-
mile mission.

Unless detailed designs of specific aircraft are available, these

weights are exceedingly difficult to predict accurately. It is possible,

however, to indicate trends in the empty weight of aircraft required to
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perform a given mission by consideration of the primary factors which

are expected to affect the weight. Expected trends are illustrated in

figure _ in terms of empty weight per ton-mile of mission. At speeds

up to those of the current jet transports, the weights of airplanes

capable of performing a 5,000-mile mission, presented herein as the

ratios of empty weight to the product of range and payload, show little

effect of design speed. This parameter would be expected to increase

markedly through the transonic speed range because the higher drag

associated with these speeds would require greater thrust, which would

mean increased weight to provide for carrying larger amounts of fuel

and increased engine weights. At the low supersonic speeds, up to a

Mach number of about 3, only slight additional increases would be

expected.

Of course, with increasing speed in this range, aluminum will

become inadequate for many structural members because of its poor

strength and fatigue properties at elevated temperatures. There remains

some question as to whether the use of heavier, though higher strength,

materials will result in significant increases in airframe weight for

aircraft designed for these flight speeds. Beyond this speed the effect

of elevated temperatures, due to aerodynamic heating, in reducing the

strength of structural memoers and the requirements for special con-
struction to insulate the structural members from the hot skin will in

all probability cause increases in structural weights. The weight of

the cabin cooling system would also be expected to increase signifi-

cantly. As flight speed is increased further, critical areas such as

leading edges will attain temperatures that are sufficiently high

enough for the area to require cooling. The provision of a coolant and

a circulatory system will add considerable weight to aircraft designed

for these high flight speeds.

If the trends shown can be indicative of the empty weights of air-

craft having the same payload and range capabilities and if certain

necessary assumptions are made, an estimate can be developed of the

relative annual costs of fleets of aircraft designed to cruise at vari-

ous Mach numbers. This has been done for an assumed long-haul traffic

volume of 5 billion ton-miles and is summarized in figure 6. The sub-

sonic jet airplane has been used as a basis of comparison. The relative

number of airplanes was obtained from the variation shown in figure 1.

Relative initial cost was based on $40.00 per pound of empty weight for

all speeds and on the empty weight obtained with the Mach numbers shown

in figure 5 by using a payload of 56,000 pounds. The same amortiza-

tion period was assumed for all airplanes. The fuel costs were devel-

oped from the ratios of initial weight to final weight shown in figure 4

and from the empty-weight variations for airplanes having equal payload-

range capabilities shown in figure 5. Airframe and engine-maintenance

costs were scaled in proportion to airplane weight. Crew and indirect
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costs per ton-mile were considered to be independent of cruise speed,
and indirect costs were taken as being 51 percent of the total operating
costs for the reference airplane. Costs were computedby the 1955
revised method of the Air Transport Association. From the results of
this comparison, as illustrated in figure 6, it appeers that the super-
sonic airplane designed for cruise at Machnumbersup to about 5 maybe
developed as a transport having a profit potential comparable with that
of the subsonic jet. At a Machnumbergreater than about 5, however,
the costs appear to rise rapidly.

Someof the assumptions made in this comparison are certainly ques-
tionable, and the validity of these assumptions cannot be verified with-
out making muchmore detailed studies or possibly without actual con-
struction and operating experience. However, considerable latitude is
possible without greatly changing the resultant trends shown. The air-
plane cost per pound, for instance, maywell be muchgreater for the
supersonic airplane. If, for example, the assumedcost of $40.00 per
pound were doubled, the relative fleet costs per year for an airplane
designed for a Machnumberof 3 would increase by about 30 percent; and
the fleet costs per year for an airplane designed for a Machnumber of
5 would increase by about 25 percent. It is heartening to reflect upon
the development of the subsonic Jet transport when it is realized how
the total costs have been trimmed over early estimates to the point
where it is competitive with the piston-engine transport.

Utilization, of course, affects the relative annual fleet costs
greatly. Recent estimates indicate that utilization of the subsonic
jet transports may have to be as high as lO to ll hours per day if they
are to showa profit. A change from 8 hours to lO or ll hours for the
purpose of this comparison, if constant for all Machnumbers, would
result in only minor changes, because the costs shownare relative.
However, with the increased number of flights that the supersonic air-
plane could makeper day, there would be more turn-around periods, and
the shorter flight times would make scheduling for use of the early
morning period more difficult. Thus, it maynot be possible to hold the
utilization of the supersonic airplane up to that of the subsonic jet.
If, for example_ the utilization were only half as great, the relative
fleet costs per year would be roughly doubled.

Although the development of supersonic commercial transport air-
planes designed for flight at Machnumbersup to approximately 3 maY
logically follow the development of military airplanes such as the B-58
and the B-70, it should not be inferred that answers to all the problems
to be encountered are now known. A considerable amount of research
remains to be done before solutions to the problems to be encountered
by these as well as by higher speed aircraft are well in hand. All the
various operational problems and safety considerations associated with
the high-subsonic-speed transport, which have been discussed in some
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detail in other papers presented, will be present, and in manycases
aggravated, in the supersonic transport.

Manyaerodynamic problems will be encountered in the design of
commercial transport airplanes for flight at supersonic speeds. In
general, these problems resolve into the basic requirement of providing
adequate longitudinal, directional, and dynamic stability and adequate
control capabilities. The main difference is that the aerodynamic phe-
nomenawhich dictate the design of supersonic airplanes are different
from those which govern the subsonic designs. For instance, different
aerodynamic-load distributions, reduced lift-curve slopes, and different
influences of aerodynamic interference between airplane componentsare
encountered at supersonic speeds. The phenomenawhich govern the design
at subsonic and supersonic speeds are not necessarily compatible, and
manymore compromiseswill have to be madefor the supersonic airplane.
Considerable ingenuity and developmental effort will be required on the
part of the designer to produce an airplane with satisfactory aerody-
namic characteristics at both subsonic and supersonic speeds.

At the higher supersonic speeds the problems encountered because
of aerodynamic heating will becomeprogressively the major obstacles.
Such items as maintaining structural strength, avoiding skin buckling
due to thermal expansion and aerodynamic load, cumulative distortion
resulting from creep, protection of passengers and crew, fuel, auxilia-
ries and instrumentation, and, as previously discussed, the provision
of a structural coolant system will all require muchattention in design
and muchresearch is needed in these fields.

Because this is a relatively new area in airplane design, the tem-
peratures which might be encountered by the supersonic transport will
be considered briefly. Figure 7 presents leading-edge equilibrium sur-
face temperatures as a function of Machnumberthat are calculated for
a wing having a leading-edge diameter of 3 inches and loadings of 30
and lO0 pounds per square foot with no cooling. Equilibrium temperatures
for the lower surface are also shownwhich were calculated by using
flat-plate considerations. These lower surface temperatures are repre-
sentative of average skin temperatures and are not excessive for the
materials which would be used for a given Machnumberdesign. For the
leading edge, however, it is obvious that cooling will be required above
a Machnumberbetween 5 and 6 if the temperature is to be held below
a temperature between 1,700° F and 2,000° F; however, even these are
high temperatures. Leading-edge surfaces heated to a temperature
between 1,700° F and 2,000o F would have the appearance of an element
of an electric range.



328

CONCLUDING REMARKS

It can be concluded that there is a good possibility of achieving

economical commercial flight at supersonic M_ch numbers up to approxi-

mately 5. However, the design of transport airplanes for flight at

thesespeeds must follow continued advancements in technology and

experience gained from the development and operation of supersonic mili-

tary aircraft. On the other hand, it has been shown that, for speeds

greater than a Mach number of about 5, relatively small reductions in

fleet size can be realized. It has also been shown that large increases

in airplane and fuel weights are to be expected; hence, the long-haul

missions considered, of which current transports are capable, can be

achieved only by aircraft having very much larger gross weights and with

accompanying large increases in cost. For commercial flight at speeds

greater than a Mach number of approximately 5, then, the prospects do

not look promising unless revolutionary developments in the fields of

propulsion and structural materials occur.
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